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Zusammenfassung

Die Leistung eines NACA-0012-basierten Flügels mit einfacher 30% - Hinterkanten-
klappe wurde hinsichtlich der Strömungsaktuation durch linear angeordnete fluidische
Oszillatoren experimentell untersucht. Dabei war es das Ziel, den Einfluss der Flügel-
pfeilung, der Tragflächenstreckung und der Form der Flügelspitze auf den Wirkungs-
grad dieser Aktuationsmethode zu beurteilen. Der Flügel mit halber Spannweite war
dazu mit einer Sechs-Komponenten-Windkanalwaage verbunden. Daran wurde er von
der Windkanaldecke herabgelassen und gegenüber der Anströmung in drei verschiede-
ne Pfeilwinkel geschwenkt: −45°, 0° und 45°. Für jeden dieser drei Pfeilwinkel konnte
die Tragflächenstreckung individuell eingestellt werden. Der Anstellwinkel des Flügels,
sein Klappenausschlag sowie das Niveau und die Verteilung der Aktuatoren wurden als
weitere unabhängige Parameter untersucht. Die Versuche wurden bei Reynolds-Zahlen
zwischen 300.000 und 500.000 durchgeführt wobei der laminar-turbulente Umschlag
fixiert wurde.

Im Gegensatz zu ungepfeilten Flügeln, bei denen die fluidischen Oszillatoren in
der gleichen geringen Anzahl, und mit großen Abstand zueinander angeordnet sind,
benötigte der Pfeilflügel einen wesentlich niedrigeren Impulsbeiwert, um den erzeugten
Auftrieb und das Nickmoment zu verbessern. Unter diesen Bedingungen agierten die
Aktuatoren als fluidische Zäune, welche die Strömungskomponente parallel zur Vor-
derkante reduziert oder lokal eliminiert haben. Dadurch konnten die aerodynamischen
Eigenschaften nach Bedarf geändert werden.

Die Beeinflussung der Strömungskomponente parallel zur Vorderkante war wirksam
bei niedrigen Anstellwinkeln oder bei geringen Klappenausschlägen. Bei höheren
Anstellwinkeln oder größeren Klappenausschlägen musste sich der Schwerpunkt der
aktiven Strömungskontrolle auf die Komponente normal zur Flügelvorderkante ver-
schieben. Die Überwindung des hohen Druckanstieges erforderte hier ein viel höheres
Niveau an aktiver Beeinflussung und eine engere Anordnung der Aktuatoren. Kraft-
und Druckmessungen wurden in beiden Fällen durchgeführt, ebenso eine Strömungs-
visualisierung mit Wollfäden.
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Abstract

The performance of a semi-span wing, based on a NACA 0012 airfoil section, equipped
with a 30% simple flap and a linear array of fluidic oscillators, was investigated
experimentally in regards to the application of active flow control. The significance of
wing sweep, aspect ratio and tip shape on the efficiency of this actuation technique
was assessed. The semi-span wing was suspended from the wind tunnel ceiling through
a six-component balance, and could be rotated relative to the oncoming freestream.
Three sweep angles were considered (0° and ±45°). The aspect ratio was adjustable
while maintaining the sweep angle. The wing incidence, its flap deflection, the level
and distribution of actuation were the additional independent parameters investigated.
The experiments were carried out at Reynolds numbers varying between 300,000 and
500,000. The boundary layer was tripped in order to fix the location where transition
to turbulence occurs.

In contrast to the unswept wing equipped with fluidic oscillators, the swept wing
required a substantially lower input level of actuation to improve the generated lift
and to alter its pitching moment, provided the aggregate number of the actuators used
was small and were sparsely spaced. Under these conditions, the actuators acted as
fluidic fences that re-orientated the flow by reducing its spanwise component or even
eliminating it locally. Therefore, the aerodynamic characteristics could be changed on
demand.

Controlling the flow component parallel to the leading edge was effective at low
angles of attack or flap deflection angles. At higher incidence or flap deflection, the
focus of active flow control had to shift to the component normal to the leading edge,
overcoming a high adverse pressure gradient that requires a much higher level of input
and closely spaced actuators. Force and pressure measurements were carried out in
both cases as well as flow visualization using tufts.
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1. Introduction

The concept of swept-back wings [1] was first proposed by Adolf Busemann at the 1935
Volta meeting. The basic principle implies that the oncoming flow can be decomposed
into components normal and parallel to the leading edge, see Fig. 1.1. Sweeping the
wing, e.g., back , increases the critical Mach number by lowering the normal velocity
to values below the freestream velocity. This delays the dominance of wave drag
and reduces the local pressures coefficients. Therefore, the generation of shock waves
on the suction side of the wing is delayed. Nevertheless, critical conditions may be
reached when the flow achieves sonic speed locally on the suction side of the wing.
This results in drag associated with shock waves. To the first order of approximation,
those shocks only decelerate the flow component normal to the leading edge while the
spanwise component remains unaffected.

All wings of modern transport airplanes are swept-back by approximately 30° thus
not taking the full advantage of the sweep at high-speed cruise. The limit on sweep
back is clearly visible (Fig. 1.2) by observing the plan view of a Boeing B777-200ER
wing. One can hardly distinguish between this planform and the wing of an Airbus

Figure 1.1: Velocity decomposi-
tion for a swept wing

Figure 1.2: Wing planform compari-
son for modern transport aircraft

1



2 1. Introduction

Figure 1.3: Oil surface flow visual-
ization over a generic transport air-
craft wing [2]

Figure 1.4: Flow pattern compar-
ison for a swept-forward and swept-
back wing [3]

A330-300 as the direct competitor. Although minor differences are observed for the
number of flap fairings as well as the nacelle diameters due to different turbofan
bypass ratios.

Low-speed flight considerations or high lift coefficients at high incidences imposes
the limit on sweep back because swept-back wings tend to stall first at their wing tip.
This has three undesirable effects: a possible wing drop due to asymmetric stall, a
nose pitch up at the onset of stall, and a difficult recovery from a deep stall. On a
typical straight wing airplane the center of gravity is located upstream of the center
of lift and the latter does not move much during stall. Therefore, when the airplane
stalls the nose drops automatically and the airplane gathers speed and may recover
without pilot’s intervention. A stall on a swept-back wing aircraft that starts at the
outboard portion of the wing and progresses inboard, results in a forward motion of
the center of lift that pitches up the nose of the airplane making it unstable. Flow
visualization on a generic transport aircraft wing shows clearly the spanwise flow over
its upper rear surface leading to separation over elevons and flaps (Fig. 1.3). This
leads to problems cited above that affect take-offs and landings. Sweeping the wing
forward has the same effect with respect to high-speed drag reduction but has some
low-speed advantages (e.g., no tip stall) compared to sweeping it back. In cruise,
it brings the aerodynamic center up front resulting in an unstable situation thus
improving maneuverability for combat aircraft that are fully controlled by computers.
The spanwise flow is oriented towards the fuselage and thus avoids tip stall (Fig. 1.4).
This might lead to other stability problems instead. In order to avoid wave drag rise
at high subsonic speeds, the question arises if one could increase the sweepback angle
of a wing while avoiding stall and maintaining stability at low speeds and allowing
high-speed cruise.
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Figure 1.5: Lift distribution along
the span for various sweep angles [8]

Figure 1.6: Schematics of vortex
shedding for a swept wing (Λ = 45◦)

1.1 Theoretical Background

Fundamental to the improvement of both the stability and maximum lift characteristics
of swept wings is the knowledge of how separation is induced and how it can be
influenced. An airfoil as well as a finite swept wing are subject to various types of
separation e.g., leading edge separation, trailing edge separation or mixed [4; 5]. The
type of separation depends mainly on the leading edge radius, sweep angle, aspect
ratio and Reynolds number [6]. Separation dominated by the leading edge is most
commonly observed on swept-back wings [7] and therefore will be discussed in more
detail.

1.1.1 Mechanisms of Separation

The underlying physics are explained for a non-tapered and non-twisted wing with
a constant chord. The lift distribution along the span for attached flow and various
sweep angles are sketched in Fig. 1.5. All wings are finite, the aspect ratio is constant
and the spanwise lift distribution yields the same wing lift. Although this constant
wing lift is observed at different angle of attack α (Λ = 0°) < α (Λ = ±45°). Local
lift coincides with the local lift coefficient if the chord is constant. Starting with
the unswept wing (Λ = 0°), the distribution along the span is nearly elliptical. The
occurrence of sweep changes the distribution of sectional lift. Sweeping the wing
forward (Λ = −45°) creates more inboard lift which approximately varies elliptically.
Moreover, it declines along the span. Maximum loading is shifted more towards the
tip for the swept-back configuration (Λ = 45°). In addition, a decrease in lift occurs
close to the root. The variation in loading due to sweep is explained by analyzing
the vortex system over a swept-back wing (Fig. 1.6). Backward sweep introduces a
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Figure 1.7: Effect of sweep on
existence of leading edge vortex
flow for wings with constant as-
pect ratio

Figure 1.8: Schematic view of leading edge
vortex flow and its effect on pressure distri-
bution, lift and pitching moment for Λ = 45◦
(CL = 0.67) [6]

strong downwash at the root, which becomes smaller towards the tip. This variation
in induced velocity (downwash) along the span is caused by the increasing distance
between the trailing vortex pairs (Biot-Savart law). This induced downwash reduces
locally the angle of attack and thus sectional lift coefficients. The downwash close to
the root counteracts the adverse pressure gradient and makes the root sections more
resistant to separation [6; 9]. As described before, the effect of downwash weakens
along the span. This increases the load on the outboard sections and promotes tip
stall. The opposite occurs when the wing is swept-forward thus suppressing tip stall.

In contrast to non-swept wings, a separation vortex is created outboard and close
to the tip of swept-back wing [7] if the local pressure gradient is too adverse for an
angle of attack close to stall. There is no separation bubble on a swept-back wing
because even for potential flow only the chordwise component is brought to stagnation
[10]. In addition, the spanwise pressure gradient over the upper surface can induce
spanwise velocities in the leading edge region of sufficient magnitude to convert the
expanding vortex into vortex flow [6; 7]. This highly stable leading edge separation
induced vortex flow entrains additional air. The vortex is deflected downward thus
producing lift. This additional lift is commonly referred to as vortex lift (Fig. 1.7).
For a relative low sweep angle, the level of spanwise flow (even at higher angle of
attack) is insufficient to create leading edge vortex flow. Maximum lift is limited by
the breakdown of the vortex resulting in a gentle stall compared to sharp stall without
vortex lift.

These changes in lift characteristics lead to serious changes in pitching moment.
The variation of pitching moment with lift is shown in Fig. 1.8 for a swept-back wing
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(a) Effect of sweep (AR ≈ 4) (b) Effect of aspect ratio (Λ = 45◦)

Figure 1.9: Variation of pitching moment with lift coefficient

(Λ = 48°) with an aspect ratio of 3.5. The initiation of vortex lift is observed around
CL ≈ 0.3. For that matter, the lift coefficient where an initial change in slope, with
respect to angle of attack occurs, is defined as the inflection lift coefficient [7], see
Fig. 1.7. The growth of the vortex (due to increase in incidence) causes a rearward
shift in center of lift (due to the lift generated by the presence of the vortex) thus
yielding a more negative pitching moment. The dip (CL ≈ 0.5) is formed when the
vortex has gained sufficient strength. With further increase in angle of attack, the
vortex starts to move inboard along the trailing edge and leaves a diffused region of
vortical flow and separated flow in the tip region behind. The decrease in local lift
slope can be observed for CL = 0.67 for the outboard section at 80% span whereas the
sectional lift slope for the more inboard sections is increased. The vortex reaches the
root regime for a further increase in incidence and gains more strength yielding higher
lift. This changes the spanwise loading at the same time and causes a destabilizing
moment.

Fig. 1.9 shows the variation of pitching moment with lift coefficient as a function
of sweep or aspect ratio. The dependency of the change in pitching moment due to
vortex lift is observable in Fig. 1.9a. The dip is non-existent for Λ = 0°. Keeping the
sweep angle constant Λ = 45° and varying the aspect ratio reveals that the existence
and onset (CL,infl) of the dip is independent of aspect ratio. However, the pitching
moment becomes less negative for a lower aspect ratio.

1.1.2 Suppression of Tip Stall

Delay or prevention of flow separation around the tip region is possible by either
altering the geometry of the wing or applying external devices. However, an attempt



6 1. Introduction

to increase the maximum lift will lead to a change in pitching moment distribution and
vice versa. Derived from the previous paragraph, one goal should be the elimination
of the dip and extending the usable lift coefficient range to provide more stability and
control during the low-speed phase while maintaining the vortex lift. Aerodynamic
design changes that affect the lift characteristics in the low speed stall region include
varying camber and twist. Therefore, the tip region observes a lower angle of incidence
compared to the angle of attack of the entire wing. A different wing geometry (e.g.,
lambda-wing planform) is another approach to manipulate the design towards the
desired flight mission. Most commonly, combinations of both (design and devices) are
deployed.

Wing tip stall on modern military aircraft is ameliorated by reducing the sweepback
at the wing tip, adding a large swept-back strake at the root and dropping the leading
edge of the wing (e.g., F-18). Recent US combat aircraft (e.g., F-22 or F-35) simply
reduced the sweepback and the wing aspect ratio to avoid the problem while the
Europeans (Rafale, Gripen, Eurofighter) use large canards in conjunction with delta
wings. The possibility of variable sweep is another method to enhance low-speed
characteristics (e.g., F-14 or Tornado). However, the added mechanical complexity
and weight lead to a decline in performance.

Modern transport aircraft (e.g., B777 or A330) utilize the pylon-nacelle combination
to control the spanwise flow. The pylon itself contributes to lift and generates flow
that opposes the natural spanwise flow of the wing in its vicinity thus reducing the
tendency toward wing-tip stall. On wings having small pylons (e.g., the B737 NG), a
large fence is placed on the nacelle that redirects the flow over the wings upper surface
[11]. The pylon effect led to the development of vortilons (VORTex and pYLON)
that act as wing fences blocking the spanwise flow in the stagnation region during
low-speed flight. They protrude upstream of the leading edge thus generating also
lift (side force) in a manner analogous to a pylon. At high angles of incidence, they
generate vortices that follow the wing’s upper surface to divert the flow thus reducing
its spanwise velocity component. Vortilons are currently used on the ERJ-145 family
of jets. Four vortilons are placed on the wing upstream of the airplane’s ailerons.

1.1.3 Functionality of a Wing Fence

Military jets of the 1950’s used high sweepback (Λ ≥ 45°) because speed was at a
premium while the engines were weak and the transonic area rule was not known (it
was first reported by Whitcomb [12] in 1952). Hence, their designers needed every
trick in the trade to increase the airplanes’ critical Mach number. Wing fences were
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Figure 1.10: The mirror principle [8]

Figure 1.11: Functionality and prin-
ciple effect of a wing fence on lift dis-
tributions [8]

Figure 1.12: Lift distributions with
fence (solid) and without (dashed) for
a swept-back wing[8]

used to compensate for the adverse effects of the large sweep during low speed flight
at high incidence angles.

The functionality of a fence is explained with the aid of the mirror principle
(Fig. 1.10). A semi-swept finite wing is extended to a full wing planform by removing
the wall and adding a mirrored image of the wing. The resulting lift distributions
are identical for the semi- and the full-wing. To begin with, a detailed view of the
vicinity of the wing fence is shown in Fig. 1.11. The lift distribution without a
fence installed is constant. This is justified since the region around the cutout is
equivalent to an infinitely yawed wing with a constant chord. The same conditions are
achieved for the left semi-wing as for its mirrored counterpart (dashed line) forming a
swept-forward wing. The increase in lift is caused by an increase in incidence due to
the induced upwash angle. Therefore, the fence is considered a wall. On the contrary,
mirroring the right semi-wing forms a swept-back planform with a decrease in lift in
the vicinity of the fence. This is attributed to the reversed direction of the spanwise
flow resulting in an induced downwash angle thus lowering the local angle of attack.
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Figure 1.13: On the effect of
blowing on lift for the 707 pro-
totype [13]

Figure 1.14: Comparison of two different
flap deflection mechanisms in terms of com-
plexity [14]

For a non-tapered wing, the lift distribution equals the sectional lift coefficient. The
sectional lift is increased inboard of the fence (Fig. 1.12) and reduced on the outboard
side. Therefore, the spanwise load distribution on a swept-back wing is changed due
to the fence’s presence compared to a clean configuration. The local flow is redirected
in the direction of the freestream and the spanwise flow component in the immediate
vicinity is lowered.

The height of a typical fence exceeds the boundary layer thickness by an order of
magnitude (wall condition), it spans the chord, and some fences are even wrapped
around the leading edge (e.g. F-102, F-106 and BAC-111). Hence, the fence mainly
affects the potential flow outside the boundary layer compared to flow near the surface.
In summary, fences reduce the load on the outboard portion of the wing by shifting
it inboard. Therefore, stall is delayed since the pressure gradient is not too adverse.
Consequently, fences stabilize the airplane at low-speed flight but they increase the
drag when they are not needed (i.e., during cruise). Most of the drag generated by
fences stems from a so-called corner effect because flow parallel to a corner generates
streamwise counter rotating vortices that transport high-speed fluid into the corner.
Since the influence of the fence is local, numerous fences are often used to enhance
their effect. The most aggressive use of fences is made within the MiG series of
airplanes. The MiG-19 wings are swept-back by 57° and the wing’s fence is about
457mm high. It became Russia’s first supersonic combat aircraft although they did
not use the area rule.

1.2 Fluidic Oscillators

The size and complexity of an airplane wing is determined by the maximum lift that
it can generate and is limited by flow separation. Although some principles of active
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(a) Schematic showing mechanism [17] (b) Instant water visualization [18]

Figure 1.15: Working principle of a fluidic oscillator

separation control in two-dimensions and on finite straight wings are well known
(e.g., steady blowing [13; 15]), their application to modern transport aircraft has not
been realized partly because of wing sweepback and partly because of the weight and
complexity (Fig. 1.13) of the actuators used. Take-off and landing require complex
high-lift devices whose actuation and stowage add weight and adversely affect cruise
performance even though mechanical complexity is reduced over time (Fig. 1.14).
Fluidic oscillators, that have no moving parts and only require a steady supply of
compressed air can be used together with simple flaps. This provides an attractive
alternative to other actuation concepts [16] and to current high-lift systems.

1.2.1 Working Principle

Fluidic oscillators (Fig. 1.15) or so-called sweeping jet actuators were developed at
Harry Diamond Research Laboratories [19; 20] more than fifty years ago and were
mostly used as sensors, and as fluidic amplifiers and switches. However, they can
generate adequate flux or force to be used as controllers or actuators on wings [21].
They are small, have no moving parts and are driven by a high-pressure air source.
This enables the jet to oscillate spatially at large angles relative to the axis of the
nozzle and do so at a high frequency. The fluidic oscillators used in the present
investigation are similar to those shown schematically in Fig. 1.15a. When the flow
starts, the Coanda effect attaches the jet to either sidewall of the interior cavity.
Attachment of the jet increases the pressure at the inlet of the feedback channel
resulting in a reverse flow in it. This reversed flow from the upper feedback loop
channel interacts with the incoming fluid and pushes the jet to the opposite side. This
process repeats itself resulting in the sweeping motion shown in Fig. 1.15b [18; 22].
The resulting oscillation is solely based on the internal geometry and supply pressure.
Although the nozzle thrust should be hampered by the oscillations, its efficiency
(measured thrust divided by the isentropic thrust of the mass flow through the nozzle)
approaches 90% [23]. The periodic response of the system saturates in frequency at
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Figure 1.16: Surface flow vi-
sualization with china clay [26]

Figure 1.17: PIV results for flow emanating
from a single fluidic oscillator [27]

higher flow rates [24; 25]. As of today, there does not yet exist a mathematical model
nor a transfer function that describes the actuator dynamics.

1.2.2 Interaction with Separating Boundary Layer

Woszidlo [26] used china clay to visualize the surface flow on a highly deflected flap
of a two-dimensional airfoil. He did so for a variety of flap deflections and jet exit
velocities (Cµ values) while monitoring the state of the flow knowing the pressure
distribution around the airfoil. The actuation was most effective when the flow
between an adjacent pair of actuators was brought to stagnation on the average
(dried china clay represents a time-averaged footprint of the flow). The presence of a
“necklace vortex” whose footprint was clearly visible between the jets made such an
observation possible (Fig. 1.16). Some distance downstream of the “necklace vortex”
there were the footprints of two quasi-stationary counter rotating vortices and a slowly
accelerating wake region farther downstream. The border between the jet and the
wake flow is rather wide suggesting that one leg of the necklace vortex might have
been absorbed by the seemingly stronger vortex whose footprint is quasi-stationary
(they must be of opposite sign of rotation). It is the combined effect of the sweeping
wall jet generated by the actuator flow and the streamwise vortex that managed to
keep the flow attached, thus enhancing the lift created by the airfoil. Therefore, each
fluidic oscillator creates farther downstream pairs of oscillating streamwise vortices of
opposite direction of rotation at its boundaries in addition to the momentum that
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(a) Cµ = 1% (b) Cµ = 3% (c) Cµ = 6%

Figure 1.18: The effect of the jet to free stream velocity ratio on the stationary
counter rotating vortices and the location of the necklace vortex [26]

it adds to the flow. It thus combines the effect of two vortex generators with a jet
that can be added to the base flow “on demand.” It has been shown that a fluidic
oscillator entrains four times more fluid than a comparable steady jet [28].

The reason for the creation of the pair of quasi-stationary counter rotating vortices,
whose direction was initially normal to the surface, was not explicable until the flow
emanating from a single fluidic oscillator installed onto a larger flat plate and placed
in a wind tunnel was investigated [27]. The latter having a high speed stereoscopic
PIV generated a movie showing the flow of a sweeping wall jet and marking in it the
instantaneous streamwise velocity component of the wall jet in the plane of the laser
illumination. The velocity distributions downstream of the nozzle are characteristic
of a stationary high-speed jet except that the path of this jet undulates with time. A
random selection of two such flow pictures placed side by side is shown in Fig. 1.17
simulating the flow out of two adjacent actuators, as it is known that they oscillate
randomly relative to one another. The flow between such adjacent actuators resembles
a flow in a wake that might be globally unstable when the velocity at its center is close
to stagnation [29]. The counter rotating vortices shown schematically in Fig. 1.16 may
thus become stationary if the flow between two actuators is somewhere absolutely
unstable. This may occur when the velocity emanating from adjacent actuators is
high and the distance between them is small. The simple requirement would be that
the upstream flow be brought to stagnation and the evidence of this is shown in
Figs. 1.16 and 1.17.

Additional evidence was provided by Woszidlo [26] who also changed the velocity
ratio between the jets and the oncoming flow and observed the following changes in
the surface flow pattern (Fig. 1.18). The velocity ratio between jets emitting from the
fluidic oscillators and the free stream increases from left to right. For the relatively low
velocity ratio (Fig. 1.18a), the necklace vortex coincides with the stagnation region
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(a) Convective

(b) Absolute

Figure 1.19: Instabilities downstream of a porous disc [30]

generated between the two counter rotating vortices that are normal to the surface.
Increasing the velocity ratio moves the head of the necklace vortex upstream clearly
separating it from the mushroom shape footprint of the counter rotating vortices
generated by the wake instability (Fig. 1.18b). Increasing the jet velocity more moved
the head of the necklace vortex farther upstream so it was out of view of the camera
(Fig. 1.18c).

The creation of the absolutely unstable flow region is very significant because of the
strength of the vortices that it can potentially generate. Flow visualization pictures
in a wake of a porous disc [30] are shown in Fig. 1.19. The smoke was created by
a “smoke wire” located downstream of the disc that was suspended in the center of
a wind tunnel by piano wires. When the porosity of the wake was such that the
wake was only convectively unstable, the smoke generated by the “smoke wire” was
also convected downstream and the eddies marked by it farther downstream were
relatively benign (Fig. 1.19a). When the porosity of the disc was decreased and the
flow passed the threshold of local absolute instability the pictures changed drastically.
The smoke emanating from the wire moved upstream toward the disc satisfying the
condition of absolute instability of the near wake flow. The eddies generated by
such an instability are much stronger than those generated by convectively unstable
mean flow (Fig. 1.19b). Consequently, if the eddies generated by adjacent fluidic
oscillators in a separated or almost separated boundary layer are a product of absolute
instability, they would be stronger than eddies created by a convective instability
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Figure 1.20: A model of flow created by adjacent fluidic oscillators

process. Hence, fluidic oscillators capable of generating a region of absolutely unstable
flow will generate stronger streamwise vortices in their wake and those will keep the
flow over a deflected flap better attached.

A schematic drawing of the flow model described above is shown in Figure Fig. 1.20.
When the two-actuator nozzles are located close to the line of separation, they
easily reverse the flow between them while accelerating the flow on their far sides.
This generates a three dimensional elongated bubble in between the actuators while
invigorating the boundary layer flow on the outside. The spanwise distribution of
velocity is shown in blue on this sketch and it exhibits the periodicity created by
a line of such actuators. The green vortices that are normal to the surface might
have originated at the solid surface or they might have been joined together slightly
upstream creating a reverse “horse shoe” vortex. They are bent in the direction
of streaming by the oncoming flow. The proposed model suggests that the line of
actuators should be placed as close to the natural separation line in order to increase
their effectiveness. It also focuses on the interaction between the decelerating boundary
layer flow and the fluidic oscillators, pointing out the need to include the oncoming flow
in any attempt to provide a predictive tool for this method of separation control. The
utility of the model may also be checked while considering sparsely spaced actuators
because one might presume that the effectiveness of the actuation would be improved
by spacing these in pairs rather than distributing them evenly across the span.

1.2.3 Applied Research

Several studies for fluidic oscillators as a tool for separation control were conducted in
recent years [31–34]. These devices were also successfully applied to a V-22 airfoil and
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wing as well as to a scaled, powered model in hover [35]. It was shown that fluidic
oscillators improve the performance of the V-22 powered model in hover better than
any other method of separation control used previously. Their applicability is not
solely limited to separation control: Bluff body drag reduction [36–39], noise control
[40] as well as combustion control [41] and there are other areas of interest where
these oscillators are gaining ground.

One may also consider an application on control surfaces such as vertical tail
and a rudder. A vertical stabilizer is swept-back and consists of a thin symmetric
airfoil (e.g., NACA 0009) equipped with a simple flap. The fin is designed to ensure
directional stability throughout the flight envelope under all circumstances. Thus,
yawing moments introduced by an engine failure need to be actively compensated
as well as providing sideslip capability during crosswind landings. Therefore, the
required side force determines the needed size and thus the corresponding drag and
weight of the stabilizer. Equipping a rudder with fluidic oscillators increases the
effectiveness of this control surface thus enabling a decrease in its size [42; 43]. The
results obtained on the sub-scale models were so encouraging that NASA and Boeing
decided jointly to test the idea on a full-scale B757 [44–47] vertical tail at the National
Full-Scale Aerodynamics Complex (NFAC) at NASA’s Ames Research Center. More
recently, fluidic oscillators were successfully tested in-flight on a Boeing B757 vertical
tail [48–50].

1.3 Motivation and Objectives

The effects of sweep have been demonstrated in the past as well as the effectiveness
of fluidic oscillators in two-dimensions. No detailed study has been performed on the
interaction of swept wings in conjunction with fluidic oscillators in three-dimensions.
The present work is motivated to close this gap. A systematic study is performed to
isolate the effects on actuation performance as a function of sweep angle, aspect ratio,
tip shape, flap deflection and level & distribution of actuation. An attempt is made
to explain the mechanism that makes the fluidic oscillators so effective. To eliminate
deceptive influences, the wing is neither twisted nor tapered along the span.

All experiments are conducted in the low incompressible regime (Ma ≈ 0) to avoid
compressibility effects. The Reynolds number is kept constant. Force and pressure
measurements are carried out as well as flow visualization using tufts.

Parts of the results discussed herein have been presented at scientific conferences
or published in scientific journals before [21; 51–54]:
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2. Preliminary Studies

This chapter gives an overview about conducted preliminary work, which was used as
a guideline to design the main experiment.

2.1 Lambda-Shaped Wing

Tewes et al. [21] showed that fluidic oscillators were effective in delaying separation on
a lambda-shaped wing and improved substantially the wing’s performance, particularly
at high flap deflection angles. The wing, based on a public domain NASA TM A-0712
[55] supercritical airfoil, contained simple flaps augmented by fluidic oscillators, and its
outer part was hardly tapered. The wing was mounted on an external six-component
balance containing a pitch rod system that altered the incidence (Fig. 2.1). An
artificial wall was installed to simulate a plane of symmetry while preventing the
boundary layer on the tunnel wall to interfere with the experiment. To avoid Reynolds
number dependence, two roughness strips tripped the flow. One was placed at 20%
of the local chord on the upper surface and a second at 30% on the lower one. Force
measurements as well as surface flow visualization that used tufts and china clay were
carried out at a representative Reynolds number of Re = 325,000.

Observations carried out on this wing suggested that even a fully attached flow
over it had a strong spanwise component near the trailing edge when the wing was

Figure 2.1: Lambda-shaped semi-span wing in test-section

17
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Figure 2.2: Tuft visualization
for flow over the outboard flap
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Figure 2.3: Lift dependence on actuation
direction over the flap

lifting and the flap was slightly deflected (δ = 10°). The streamwise component may
possibly decelerate to values below the freestream velocity. Therefore, tufts appeared
to be stationary and parallel to the trailing edge. Two hundred and fifty pictures were
taken over a period of 5 s and ensemble averaged (Fig. 2.2) into a single picture to
demonstrate this effect. Since the tufts are essentially stationary/steady (α = 4°), the
flow was assumed to be attached. By increasing the angle of attack (α = 8°) and thus
lift, the relative strength of the spanwise flow has increased. Slightly unsteady flow is
seen near the juncture of between the flap and the wing tip. Furthermore, the flow
over the wing tip and at least half of the outer flap is separated and thus unsteady,
each tuft appears as a fan.

Actuation by fluidic oscillators spaced 13mm apart near the flap hinge for a flap
deflection of δ = 30° is shown in Fig. 2.3. The value of Cµ = 3% was chosen higher
to emphasize possible differences in lift. It was most effective when the actuation axis
was normal to the flap hinge and not aligned with the free stream. Outboard flap
actuators that were aligned with the freestream increased the wing’s lift at α = 4°
from CL = 0.96 to CL = 1.28 but those normal to the leading edge increased it to
CL = 1.37. The ratio ∆CL,∞/∆CL,n = 0.78 is almost equal to the cosine of the
sweepback angle (cos (Λ = 40°) = 0.77) suggesting that only the normal component
should be addressed by active flow control.

The aforementioned differences between the orientation of the outboard flap ac-
tuators was clearly detected by observing the surface flow (Fig. 2.4). When the
actuators were aligned with the freestream (Fig. 2.4a), the spanwise flow dominated
the trailing edge region and the flow partly separated over the flap. The spanwise
flow was virtually eliminated by aligning the actuators’ jet-axes to be normal to the
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(a) with freestream (b) normal to hinge

Figure 2.4: Surface flow over outboard flap: δ = 30°, α = 4°, Cµ = 3%

leading edge (Fig. 2.4b) and the flow did not separate over the entire flap. Fluidic
oscillators, whose actuation direction were normal to the leading edge, energized the
component of velocity that was undergoing deceleration without wasting momentum
on the spanwise component that was not subjected to an adverse pressure gradient.

Although the wing is finite and slightly tapered, it is suggested that the flow
component normal to the leading edge behaves like the flow over a two-dimensional
airfoil that decelerates as it approaches the trailing edge, while there is no discernible
pressure gradient in the spanwise direction that would decelerate the flow. Therefore,
just above the surface of a swept-back trailing edge, attached flow turns out along
the span. Because adverse pressure gradient may lead to flow separation from the
surface, one has to contend only with the component undergoing deceleration when
attempting to delay separation. Therefore, separation control devices on swept-back
wings should only act on this component.

2.2 Boundary Layer Independence Principle

The observations made in Section 2.1 raised the issue of the applicability of the
boundary layer “independence principle” to turbulent flows [52; 56] that is believed to
be incorrect. The independence principle is an important concept in laminar boundary
layer theory because it simplifies the solution of the equations of motion for flows
over yawed airfoils and cylinders [57] of infinite aspect ratio. Under these provisions,
the equations of motion can be separated into two independent components: normal
and parallel to the leading edge. The normal flow component behaves like the flow
over a two-dimensional airfoil that is subject to the Kutta condition at the trailing
edge. Since the infinite aspect ratio restriction does not permit spanwise variation of
any flow quantity, there should be no pressure gradient along the span. This should
apply to the flow just outside the boundary layer as well as an integral part of the
boundary layer approximation.
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2.2.1 Theoretical Considerations

The flow within the boundary layer is approximated by simplifying the Navier-Stokes
equations. This approximation divides the flow into a non-viscous regime outside the
boundary layer and takes only viscosity inside the boundary layer into account. The
boundary layer equations representing stationary d/dt = 0 and incompressible flow
(ρ = const) over an infinite (∂/∂z = 0) swept flat plate are:

∂u/∂x+ ∂v/∂y = 0 (2.1)
u∂u/∂x+ v∂u/∂y = −1/ρ ∂p/∂x+ ν

(
∂2u/∂x2 + ∂2u/∂y2

)
(2.2)

u∂w/∂x+ v∂w/∂y = −1/ρ ∂p/∂y + ν
(
∂2w/∂x2 + ∂2w/∂y2

)
(2.3)

u and w are components of velocity in the directions normal (x), and parallel (z) to
the leading edge of the plate. v is the velocity normal (y) to the surface (Fig. 2.5). The
coordinate system and symbols used in this section are kept in the typical notation
for boundary layer analysis and deviate partly from the nomenclature used in this
work. Thus, they are defined within this section instead and not included in the
nomenclature. Eqs. (2.2) and (2.3) are simplified by comparing length scales. The
streamwise length scale is larger compared to the normal one (i.e., u >> v) and thus
∂2/∂y2 >> ∂2/∂x2 ≈ 0. In addition, the external pressure gradient ∂p/∂x = 0 since
the streamlines are parallel to the upper surface of the flat plate. Furthermore, the
static pressure is independent of y and thus ∂p/∂y = 0. This yields for the momentum
equations:

u∂u/∂x+ v∂u/∂y = ν∂2u/∂y2 (2.4)
u∂w/∂x+ v∂w/∂y = ν∂2w/∂y2 (2.5)

Afterward, the continuity equation, Eq. (2.1) is multiplied by u and added to the
momentum equation in the direction normal to the leading edge, Eq. (2.4).

u∂u/∂x+ v∂u/∂y + ∂u/∂x+ ∂v/∂y = ν∂2u/∂y2 (2.6)

Then, the resulting equation, Eq. (2.6), is multiplied by the density ρ and terms are
combined by reversing the product rule. The dynamic viscosity is defined as µ = ρν.

ρ (∂uu/∂x+ ∂vu/∂y) = µ∂2u/∂y2

Replacing the expression for the laminar shear stress µ∂u/∂y with τxy and applying
analogous operations to the other momentum equation, Eq. (2.5), yield for the
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Figure 2.5: Plan view defining
the coordinate system used for this
analysis
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Figure 2.6: Turbulent velocity profiles
at various streamwise distances ξ and
angles Λ [58; 59]

approximated boundary layer equations:

∂u/∂x+ ∂v/∂y = 0 (2.7)
ρ (∂uu/∂x+ ∂vu/∂y) = ∂τxy/∂y (2.8)
ρ (∂uw/∂x+ ∂vw/∂y) = ∂τzy/∂y (2.9)

The boundary conditions are for y → 0 : u = w → 0 and for y → ∞ : u → Ue =
U∞ cos Λ and w → We = U∞ sin Λ.

Eqs. (2.7) and (2.8) do not contain w-terms. Thus, those two equations are
solvable independently of Eq. (2.9). This type of boundary layer solution is referred
to in the literature [57] as the “independence principle”. Therefore, the solutions are
proportional (u ∝ w) to one another with the proportionality constant depending on
the sweep angle. Under these conditions, the two momentum equations, Eqs. (2.8)
and (2.9), are identical.

It applies to laminar boundary layers but it is considered wrong wherever turbulence
is involved because the fluctuations v′, might have been affected by the Reynolds
stress ρw′v′, thus coupling the two equations of motion again. In general, each one of
the momentum equations provides a balance between the inertia terms and the stress
terms. Thus regardless of the state of the flow, knowledge of one determines the other
and vice versa. Hence, if in turbulent flow, u (x, y) is proportional to w (x, y), then the
shear stresses should be proportional to one another as well (i.e., τxy ∝ τzy), and this
includes the different Reynolds stress terms as well, and in particular, ρu′v′ ∝ ρw′v′

because these are the dominant terms outside the viscous sublayer.
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Streamwise velocity profiles, measured with a flattened Pitot tube, in turbulent
boundary layers over swept flat plates [58; 59] are shown in Fig. 2.6. Although
the plates were swept at Λ =0°, 30° and 45° to the oncoming stream, the velocity
profiles representing (u2 + w2)0.5, when normalized by the freestream velocity and
a representative displacement thickness, are identical irrespective of sweep angle
and Reynolds number. These results suggest that w ∝ u at all Reynolds numbers
considered. Thus, τxy is expected to be proportional to τzy independent of the flow
being either laminar or turbulent.

An attempt is made to show that these experimental results prove the validity
of the independence principle when one recalls that skin friction drag is a vector
aligned with the freestream that is related to the vectorial sum of the two momentum
thicknesses associated with the chordwise and spanwise boundary layers.

The integral momentum equations relate the skin friction drag to momentum
thickness regardless of the state of the flow (i.e., whether the flow is laminar or
turbulent). One has to remember that the two independent boundary layers contribute
to drag depending on the sweep angle and that drag is a vector. Integration Eq. (2.8)
in the direction normal to the wall yields:

∂

∂x

∫ δ99

0
uu dy + ∂

∂y

∫ δ99

0
vu dy/ = 1

ρ

∂

∂y

∫ δ99

0
τxy dy

∂

∂x

∫ δ99

0
uu dy + vu

∣∣∣∣δ99

0
= 1
ρ
τxy

∣∣∣∣δ99

0

∂

∂x

∫ δ99

0
uu dy + VeUe = −1

ρ
τx,y=0 (2.10)

The upper limit δ99 represents the boundary layer thickness, where u → Ue and
∂u/∂y → 0. Hence τx,0 represent the wall shear stress in the x-direction (Fig. 2.5).
The edge velocity Ve in Eq. (2.10) is replaced by integrating Eq. (2.7) in the direction
normal to the wall (y): Ve = −∂/∂x

∫ δ99
0 u dy

∂

∂x

∫ δ99

0
uu dy − Ue

∂

∂x

∫ δ99

0
u dy = −1

ρ
τx,0 (2.11)

Dividing Eq. (2.11) by (−U2
e ), rearrangement elements and converting the partial to

a total derivative yield:

∂

∂x

∫ δ99

0

u

Ue

(
1− u

Ue

)
dy = 1

ρU2
e

τx,0

d
dxθx = τx,0

ρU2
e

= Cf,x
2
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Analogously, integrating Eq. (2.9) while using Eq. (2.7) to substitute for the normal
velocity component Ve at the edge of the boundary layer and dividing by (−W 2

e ) yield:

∂

∂x

∫ δ99

0

u

We

(
1− w

We

)
dy = 1

ρW 2
e

τz,0

d
dxθz = τz,0

ρW 2
e

= Cf,z
2 (2.12)

The velocities at the edge of the boundary layer (δ99) are Ue = U∞ cos Λ (no
external pressure gradient) and We = U∞ sin Λ (no spanwise pressure gradient). The
drag components in the chordwise and spanwise directions yield:

Dx =
∫ c

0
τx,0 dx = ρU2

e

∫ c

0

dθx
dx dx = ρU2

e θx

∣∣∣∣c
0

= ρU2
e θx,c (2.13)

Dz =
∫ c

0
τz,0 dx = ρW 2

e

∫ c

0

dθz
dx dx = ρW 2

e θz

∣∣∣∣c
0

= ρW 2
e θz,c (2.14)

Under the assumption that w ∝ u or w/ (U∞ sin Λ) ∝ u/ (U∞ cos Λ), it follows follows
that u = w cot Λ. Hence, the drag component in the spanwise direction is expressed in
terms of θz,c = θx,c cot Λ and We = Ue tan Λ. Thus, the resultant drag in the direction
of the freestream is the vectorial sum of the two components normal and parallel to
the leading edge, see Eqs. (2.13) and (2.14):

Dξ = Dx cos Λ +Dz sin Λ
= ρU2

e θx,c · cos Λ + ρU2
e tan2 Λ cot θx,c cot Λ · sin Λ

= ρU2
e θx,c ·

(
cos Λ + tan2 Λ cot Λ sin Λ

)
= ρU2

e θx,c ·
(
cos2 Λ + sin2 Λ

)
/ cos Λ

= ρU2
e θx,c/ cos Λ

Dξ = Dx/ cos Λ (2.15)

This proves that the wall stresses τx,0 & τz,0 are proportional to each other in the
same manner that the inertia terms are in either laminar or in turbulent flows. Thus,
when integrated across the boundary layer, the independence principle applies to
turbulent and laminar flows alike.

The drag coefficient (per unit width) is always defined in the direction of freestream:
CD = Dξ/ (0.5ρU2

∞c) = 2θx,c cos Λ/c. If the chord is defined in the direction of
streaming (cξ = c/ cos Λ), see Fig. 2.5, then CD = 2θx,c/cξ. Furthermore, this
corresponds to the conventional definition of drag coefficient in two-dimensional
steady flow.
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Figure 2.7: Empirical growth of the displacement thickness [58]

The validity of the result was also demonstrated by using the Blasius solution for a
laminar boundary layer and 1/7th power-law approximation for a turbulent boundary
layer [52]. It proved that the ratio of the momentum thickness at the trailing edge of
a swept flat plate to its chord is equal to the drag coefficient regardless of the state of
the flow.

The conclusions of [58] state that the independence principle cannot be applied
to turbulent boundary layers on swept flat plates. Their measured growth curve
is thicker than for the non-swept plate while their independence principle theory
predicted a thinning effect due to sweep. Fig. 2.7 is a reproduction of Fig. 22b
in [58] showing that the data collapsed for an empirically obtained growth law for
the displacement thickness. It clearly indicates that δ∗ ∝ cos2/5 Λ, relative to the
freestream coordinate system, instead of being δ∗ ∝ cos3/5 Λ, as was anticipated
by transforming the coordinates and violating the integral momentum equation.
However, the ratio between the anticipated and measured displacement thicknesses (or
momentum thicknesses) is cos Λ = Dx/Dξ, proving the validity of the independence
principle for this flow rather than disproving it.

2.2.2 Application to Swept-Back Wings

Experiments [60] confirm the global validity of the principle on wings of infinite span,
although there is not enough material for a definitive proof of the concept. This is
particularly true when the wing is lifting and the numerical solution depends on the
turbulence model used. In this case, the momentum equation normal to the leading
edge, Eq. (2.8), contains a pressure gradient term:

ρ (∂uu/∂x+ ∂vu/∂y) = −dp/x + ∂τxy/∂y (2.16)



2.2. Boundary Layer Independence Principle 25

x / c

0 0.2 0.4 0.6 0.8 1

C
P

 /
 c

o
s

2
 Λ

-0.4

-0.2

0

0.2

0.4

0.6

0.8

1

NACA 63
1
 - 012

Λ = 0°

Λ = 45 °

XFOIL

α = 0°, C
L
 = 0:

Figure 2.8: Predicted and measured
[60] pressure distributions for CL = 0

u / U
e
 or w / W

e

0 0.2 0.4 0.6 0.8 1

y
 /

 c

0

0.002

0.004

0.006

0.008

0.01

(u/U
e
, Λ =  0 °)

exp

(u/U
e
, Λ =  0 °)

xfoil

(u/U
e
, Λ = 45 °)

exp

(u/U
e
, Λ = 45 °)

xfoil

(w/W
e
, Λ = 45 °)

exp

(u/U
e
 = (y/δ

99
)
1/5.5

, Λ = 45 °)
exp

(w/W
e
 = (y/δ

99
)
1/5.5

, Λ = 45 °)
exp

Figure 2.9: Boundary layer velocity
profiles x/c = 0.5 for CL = 0 [60]

This gradient can be calculated using programs for two-dimensional airfoil analysis.
Tewes performed a theoretical study utilizing XFOIL [61]. The experiment cited used
two wings whose cross-section normal to the leading edge was represented by a NACA
631 − 012 airfoil. In one case, the wing was not swept, while in the other it was
swept-back by Λ = 45°. XFOIL input parameters were based on the experimental
apparatus and conditions reported in [60]. The Reynolds number was constant,
approximately equal to 4× 106 to allow proper comparison for the two cases. Mach
number and Reynolds number were calculated using the normal component, thus
yielding a higher freestream velocity for the swept case. Consequently, the two cases
considered were only distinguished by the Mach number (XFOIL input parameter)
used in XFOIL: MaΛ=0° ≈ 0.14 < MaΛ=45° ≈ 0.22. Pressure distributions in the
absence of lift (i.e., at α = 0°) were identical in both cases when normalized by the
normal velocity component. XFOIL predicted the chordwise pressure distribution
very well, if the flow was assumed to transition to turbulence very close to the leading
edge (Fig. 2.8), although in the experiment, transition strips were located farther
downstream. It is also noted that CP > 0 for x/c > 0.77.

Boundary layer velocity distributions in both chordwise and spanwise directions
were provided at mid-chord (x/c = 0.5). These distributions were virtually identical
and could be approximated by a power law for zero lift when normalized by the
appropriate velocity component (Ue and We) at the edge of the boundary layer.
Tewes extended the XFOIL source code to output boundary layer velocity profiles,
see Fig. 2.9. The computed results provided an adequate solution that allowed for
∂u/∂y → 0 as y → δ99. The equality of the two velocity profiles close to the midchord
of this airfoil attests more to the fact that dp/dx → 0 when CL = 0 (i.e., when
α = 0°). This is because of the momentum integral equation of Eq. (2.9) shown
in Eq. (2.12). u was obtained by solving first the two-dimensional boundary layer
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equations. This requires a model for τxy in Eq. (2.8). However, when Λ = 45° and
dp/dx ≈ 0, Eqs. (2.8) and (2.9) are identical, yielding u = w everywhere. The result
obtained from [60] is shown in Fig. 2.9. An important corollary of this result suggests
that the flow direction does not change within the boundary layer because it and the
wall shear stress should be aligned, as long as dp/dx ≈ 0.

The applicability of the independence principle to turbulent boundary layers on
lifting swept wings is of practical significance because it provides an initial estimate
for modeling the flow and calculating its change of direction within the boundary
layer. Thus providing an initial guess where and how active flow control should be
applied and included in the design process. Pressure distributions over the two wings
tested as well as boundary layer integral parameters corresponding to various values
of CL are reported in [60]. These values were used to predict the flow direction along
the surface, thus elucidating the practical value of this principle.

The pressure distributions over the upper surface of the wing providing a CL = 0.32
and 0.74 for the two sweep angles of Λ = 0° and 45° are shown in Fig. 2.10. Simple
cos2 Λ transformation (CP,Λ=0° = CP,Λ/ cos2 Λ) from the straight airfoil to the swept-
back one and the two-dimensional XFOIL solution predict the observed pressure
distribution precisely over the entire upper surface of the swept wing. XFOIL provides
a reasonable prediction for the integral boundary layer parameters on the unswept
wing, e.g., CL = 0.74 (Fig. 2.11), although the velocity profiles computed using a
turbulence model do not agree very well with the measurements reported in [60].
Clearly, the use of velocity vector decomposition does not apply to those parameters
because the sweep turns the flow farther along the span near the solid surface.

Because turbulent Reynolds stresses were not measured across the boundary layer
in [60], the integral momentum equations derived from Eq. (2.9) and Eq. (2.16) could
be used to affirm the principle by providing the expected flow angles next to the
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surface. Integrating Eq. (2.16) yields the well-known Von Kármán momentum integral
equation.

dθx
dx + (2 +Hx)

θx
Ue

dUe
dx = τx,y=0

ρU2
e

(2.17)

and recalling Eq. (2.12): dθz/dx = τz,y=0/ρW
2
e with We = U∞ sin Λ (no spanwise

pressure gradient). Thus, the flow angle for y → 0 can be estimated using:

Φ = arctan (τz,y=0/τx,y=0)− Λ (2.18)

Momentum thickness, shape factor (Hx = δ∗x/θx), and the θ-derivatives in both
directions were obtained from measurements shown in Fig. 2.11. Appropriate smooth-
ing was applied before the spatial derivatives were taken. The velocity at the edge
of the boundary layer, Ue, and its derivative in x were computed from the pressure
distributions and parameters predicted by XFOIL.
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The angles obtained using Eq. (2.18) provides an extension to the angles measured
in the boundary layer away from the surface by using a directionally sensitive pressure
rake [60]. The results shown in Fig. 2.12 agree with the extended curves obtained
in [60], thus showing the change in the flow direction from the edge of the boundary
layer to the surface at the two lift coefficients considered. A negative flow angle on
the surface can be observed around x/c = 0.3. This may be due to the prolonged
effect of the favorable pressure gradient near the leading edge on the boundary layer
development. It is accentuated at lower incidence (Fig. 2.12a) where the overall
CL = 0.32, and the adverse pressure gradient on most of the airfoil surface is less
severe. Thus, for a given Λ, the flow turns more outward (positive z) when dp/dx is
more adverse, and this was clearly observed in [60]. The effect of the pressure gradient
term can also be deduced from Eq. (2.17).

Two velocity profiles corresponding to CL = 0.74 and measured x/c = 0.5 are
provided in [60]. Attempting to obtain the flow angle at the surface by approximating
these velocity profiles with power laws grossly exaggerated the flow angle near the
surface. It increased from the 9° predicted to 35°, which was estimated by using power-
law assumptions (Fig. 2.12b). The gradient 1/Ue dUe/dx in Eq. (2.17) was replaced by
0.5 ·dCp/dx using Euler’s equation. The edge velocity Ue was substituted by assuming
incompressible velocity distribution over the airfoil: CP = 1 − (Ue/U∞ cos Λ)2. In
conclusion, power laws do not represent the flow well in the presence of the pressure
gradient. This overshoot is based on the shape of the boundary layer profile in each
direction. The occurrence of an inflection point in a velocity profile resulting from
adverse pressure gradient imposed on a boundary layer voids the power-law fit, thus
rendering the procedure adopted in [62] inaccurate.
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Figure 2.13: Wall streamlines on a swept-back rectangular wing [63]

The other instance where the velocity profiles were reported in [60] corresponded
to CL = 0. In that case, one was able to relax the approximation made earlier
equating dp/dx = 0 and inserting the appropriate H into the pressure gradient term,
Eq. (2.17), while presuming the validity of the power laws. This calculation rendered
an angle shift of approximately 10° at the surface relative to the undisturbed stream,
suggesting that even a small adverse pressure gradient turns the flow at the surface of
a swept-back wing outward.

The surface flow visualization shown in [63] on a 45° swept-back wing constructed
from a NACA 652 − 615 airfoil and having an aspect ratio of six is shown in Fig. 2.13.
In the absence of separation, the surface streamlines are almost tangential to the
trailing edge when the wing is lifting, suggesting that the chordwise component of
velocity was substantially decelerated as it approaches stagnation. When the angle
of incidence becomes large and separation occurs on the upper surface, there is a
large region of purely spanwise flow on this swept-back wing. In the case observed,
this region covers 25% to 30% of the chord, and its extent most likely depends on
the chordwise pressure gradient (i.e., it depends on the shape of the airfoil and its
incidence). It is dominant wherever the chordwise flow is small relative to the spanwise
velocity component, and it is not synonymous with the traditional separation concept
provided by Hoerner [64], who neglected the region that is dominated by spanwise
flow on both sides of the “separation line”. These observations are explicable using
the independence principle that does not associate the spanwise flow dominance with
separation. In fact, the existence of the Kutta condition near the trailing edge of a
yawed wing requires a region of spanwise flow near the trailing edge when the flow is
fully attached everywhere.
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It appears therefore that the application of active flow control towards swept-back
wings has to manage two very different but perhaps equally important roles.

(i) Eliminate or compartmentalize the spanwise flow even when the flow over the
wing is still attached (e.g. a wing fence).

(ii) Retain attached flow over a surface at incidence or flap deflection that exceeds
the natural separation angle (separation control).

The first task applies only to swept-back lifting wings. The boundary layer approxi-
mation is only valid as long as the flow is attached. Therefore, the optimal location
of active flow control devices is where the spanwise flow is strong and turning parallel
to the trailing edge i.e., around 80% of the chord for the enlarged region in Fig. 2.13.
The second task is much more universally applicable to flow attachment in general
including two-dimensional flow.

2.3 Fluidic Fence Concept

A promising alternative to traditional mechanical fences is the concept of a fluidic
fence, which emerged from results obtained on a vertical tail reported by Tewes et al.
[51]. A fluidic fence is much more effective and it does so on demand, thus avoiding the
deleterious drag when they are not required compared to mechanical fences that are
always exposed to the flow. The fluidic fence differs from a solid one in many respects.
First, a fluidic fence can inject momentum into the flow, rather than consume it. The
jet path is curved and its curvature depends not only on the angle at which the jets
emanate relative to the leading edge, but also on the velocity ratio between the jets
and the free stream. Thus, by manipulating the fence’s jet speed or direction, the
shape of the fence can be altered. Moreover, the small nozzles that are required to
produce the fence would be flush with the surface and would minimally add to the
total drag. Thus, when the fence is not needed, as is the situation in cruise, it can
be completely turned off and they can be moved to different locations for various
stages of the flight envelope. These characteristics present an enormous advantage
over a solid fence in many situations. Fluidic oscillators are currently the preferred
method of actuation for the fluidic fence concept due to the characteristics presented
in Section 1.2.

On a highly swept-back wing configuration, there are two boundary layer flows
orthogonal to one another. One boundary layer evolves in the chordwise direction,
which is subjected to pressure gradients that might lead to separation whenever the
gradients are too adverse. The other boundary layer evolves along the span and it
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(a) low input - Cµ = 0.1% (b) high input - Cµ = 1.0%

Figure 2.14: Tuft visualization [51] of the fluidic fence

does not have to overcome any pressure gradient of substance. However, it does add
vortical fluid as the distance from the wing root increases. The flow from root to
tip of the spanwise boundary layer effectively increases the boundary layer thickness
toward the tip.

Initial experiments were carried out at the California Institute of Technology [65]
on a flapped wing whose leading edge was swept-back by approximately 44° simulating
a vertical tail with its rudder [42; 43]. The results revealed the validity of the fluidic
fence concept. Fluidic oscillators were placed along the rudder hinge line in order
to control separation at large rudder deflections. The small nozzles served as point-
sources of momentum. The spacing between adjacent actuators could be changed
in steps of 3% of the span. A large increment in lift (exceeding 20%) was realized
when the spacing between adjacent actuators was large (e.g., 15% of the span) and
the overall momentum input was small (i.e., Cµ ≈ 0.1%). This effect could not be
attributed to reattachment since the area covered by the jets was relatively small. It
also significantly exceeded the effect generated by many closely spaced actuators at
low Cµ where actuation did not result in any increase of lift until a certain threshold
in Cµ was exceeded. Flow visualization of a fluidic fence system in action is seen
in Fig. 2.14 where each jet originating at the rudder hinge eliminated the spanwise
flow at its vicinity and reduced it in the space between the actuators, see Fig. 2.14a.
The photograph shown represents a superposition of two images, one corresponding
to Cµ = 0% (baseline, red tufts) and the other corresponding to Cµ ≈ 0.1% (green
tufts). The reduction in the spanwise component of the flow is very clear almost
everywhere on the rudder. The fast-moving air near the fluidic fences can also be seen
when the input momentum is Cµ ≈ 1%, see Fig. 2.14b and there one may observe
the compartmentalization of the spanwise flow. It suggests that high level of Cµ for
prescribed actuator spacing is ineffective as a fence because the entrainment capacity
of a strong jet at a more outboard station is capable of reversing the flow between
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the actuators, see Fig. 2.14b.

2.4 Intermediate Conclusions

A lambda-shaped wing model containing simple, highly deflected flaps augmented
by fluidic oscillators was tested first in order to assess the efficacy of this method
of separation control on a realistic wing configuration. When the orientation of the
actuators was altered on the outboard flap from being parallel to the oncoming flow
to being normal to the leading edge, that was swept back at 40°, the ensuing lift
coefficient was much improved because the entire momentum input was aligned with
the decelerating flow component. Thus, no momentum was wasted on spanwise flow
that under these conditions of high flap deflection did not require intervention. These
observations first raised the question about the applicability of the boundary layer
“independence principle” to turbulent flow over large aspect ratio swept-back wings.

Examining 60year old tests on turbulent boundary layers over yawed flat plates
confirmed that the mean velocity profiles normal to the leading edge are proportional
to the velocity profiles parallel to it, with a proportionality constant depending on
the yaw angle. This turned out to be the necessary and sufficient condition to make
the wall stress components normal and parallel to the leading edge also proportional
to each other. Thus, this reaffirmed the boundary layer independence principle for
turbulent and laminar flows alike and provided a new insight into three-dimensional
boundary layer flows on yawed, high-aspect-ratio wings. On infinite aspect ratio
yawed cylinders, generated by practical airfoil shapes, closed form solutions of the
boundary layer equations had to be replaced by approximate integral methods and
airfoil analysis (e.g., XFOIL). This was done in order to suggest that the boundary
layer independence principle should still apply when pressure gradients are involved
as long as the flow remains attached to the surface. This analysis explained the
prevalence of attached spanwise flow near the trailing edges of swept-back wings, and
it indicated where and how (in what direction) active flow control should be applied.

These observations led to the design of the NACA 0012 semi-span wing model,
used for the remainder of this research thesis.



3. Exp. Setup, Instrumentation
and Data Acquisition

In this chapter, the experimental setup including the semi-wing model and the wind
tunnel, the instrumentation and the reduction of the measured forces and moment of
the six-component force balance are discussed in detail. Furthermore, an insight is
given on the post-processing for the flow visualization using tufts.

3.1 Semi-Span Wing Model and Wind Tunnel

The semi-span wing model used in this experiment is based on a NACA 0012 airfoil
section [66] made out of a modified extruded aluminum profile and is not tapered nor
twisted along the span. The chord normal to the leading edge measures cn = 203mm.
Some parts e.g., the flap shoulder were manufactured using high definition stereo
lithography providing high accuracy. The high-lift system consists of a 30% simple
flap that can be continuously deflected at angles ranging from 0° to 40°.

The experimental setup (Fig. 3.1) allows various finite configurations to be tested
using the same model (Fig. 3.2) at different sweep angles: 0° (unswept), −45° (swept-
forward) and 45° (swept-back), see Figs. 3.2a to 3.2c. The penetration into the

(a) wing mounting (b) traversing mechanism

Figure 3.1: External view of the setup

33
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(a) unswept (b) swept-forward (c) swept-back

Figure 3.2: The NACA 0012 semi-span wing at various configurations

test-section can be altered and thus the effect of aspect ratio (up to AR = 7.5 for
Λ = 0° and AR = 4.4 for Λ = ±45°) can be studied (Fig. 3.1a). In addition, the
tip geometry is interchangeable and can be either parallel to the oncoming flow
or normal to the leading edge. The wing is mounted vertically with its end plate
embedded in the test-section ceiling. The turntable insert is connected to a traversing
mechanism (Fig. 3.1b) that is moved by a stepper-motor allowing it to rotate and
thus change the angle of attack under computer control. In order to prevent ambient
air from outside the wind tunnel to be entrained into the test-section by the oncoming
flow, the penetrating wing is sealed against the turntable insert with a soft silicon
membrane without causing measurable balance interference. Transition to an infinite
configuration can be achieved by installing an artificial wall to adjust the tunnel
height while preventing the boundary layer on the tunnel wall to interfere with the
experiment. The artificial wall protrudes one chord length upstream of the tip. The
gap between the wall and the wing is closed with soft foam to prevent tip circulation.

Experiments were carried out at The University of Arizona’s low-speed wind tunnel
[67]. The tunnel is a Göttingen-type, closed, recirculating design with the flow loop
arranged in a horizontal configuration. The nozzle has a contraction ratio of 1:11,
which leads to a test-section inlet of 914mm by 610mm where the smaller dimension
is horizontal. The nozzle exit, test-section and diffuser inlet were re-aligned since
exact positioning was crucial for this experiment. The test-section top (excluding the
segment with the turntable mechanism) and bottom walls were diverted to account
for the boundary layer growth under the assumption of a turbulent flat plate. The
Reynolds numbers tested varied between 300,000 (unswept) and 500,000 (swept-back).
In order to avoid the formation of laminar bubbles and the associated strong Reynolds
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number dependence, trip dots are applied on the suction (x/c = 5%) and pressure
side (x/c = 10%).

3.2 Instrumentation

A Pitot-static probe protruding from the tunnel’s ceiling upstream of the wing’s
location was used to measure the freestream velocity. It was connected to a MKS [68]
698A Baratron controlled by a MKS 670 signal conditioner. After a change in angle
of attack, it was automatically verified that the velocity remains within an allotted
margin of ±1%. If this criterion was not met, the speed was manually adjusted to
achieve constant test conditions.

An array of 29 fluidic oscillators was installed close to the trailing edge of the
main element (x/c ≈ 0.7). A nozzle was placed approximately every 25mm along the
span, aligned normal to the leading edge and emanated at 30° to the local tangent
whereas the exit-opening angle of the actuators was set to 100°. The spacing can
be altered by plugging desired actuator outlets. All actuator were inspected for
functionality a priori using non-calibrated hot-wire anemometry to ensure consistent
oscillatory behavior for the same input. Continuity equation (Q = Uact · n · Aact) and
the definition of momentum coefficient, Eq. (3.1), were used to derive Eq. (3.2) that
gives the volumetric flow rate as a function of Cµ and freestream velocity by eliminating
the actuator velocity term. The supply system was calibrated for each configuration
and actuator spacing by recording the indicated flow rate Qgauge for various supply
pressures pgauge. The volumetric flow rate was measured using a variable area flow
meter and corrected with the supply pressure to obtain the actual volume flow rate
Qexp into the system, Eq. (3.3). Regression analysis using a third order polynomial
was applied to express the supply pressure as a function of the actual volume flow.
Subsequently, the theoretical volume flow for a given momentum coefficient was used
and each test point was regulated by changing only the supply pressure, Eq. (3.4).

Cµ = 2 · n · Aact
Awing

·
(
Uact
U∞

)2
(3.1)

Q =
√
Awing · n · Aact · U2

∞
2 · Cµ (3.2)

Qexp =
√
pgauge + patm

pcal
·Qgauge (3.3)

pgauge = a1 ·Q3 + a2 ·Q2 + a3 ·Q (3.4)
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Two local cross-sections aligned normal to the leading edge (ξ-direction) were
equipped with 29 pressure taps. Three additional pressure taps were evenly distributed,
∆ζ = 113mm, between the two chordwise sections to allow monitoring the state
of the flow as well as the uniformity along the flap span. All pressure coefficients,
CP = (px − p∞) / (0.5ρU2

∞), were normalized by the velocity component normal to
the leading edge (/ cos2 Λ). A two-point linear interpolation based on CP,TE-2, CP,TE-1
and CP,TE+1, CP,TE+2 respectively was evaluated at ξ/cn = 1. The average of each
estimate is the pressure coefficient at the trailing edge. Sectional lift and form drag
were calculated by integrating the pressure distribution along either the chord or the
thickness. All pressure ports were scanned electronically using a Pressure Systems,
Inc. [69] (PSI) model 8400 equipped with two 32-port differential pressure scanners.
These scanners have an array of silicon piezoresistive pressure sensors, one for each
pressure port. The accuracy of the system is listed at 0.08% of the full range of
2,491Pa, which corresponds to an absolute error of ±2Pa. To further improve the
quality of the data, the acquisition program measured pressure data repeatedly until
a convergence criterion of 1% for the relative error of every port was realized. The
sensors were calibrated by connecting them to a common manifold of known pressure.

The Task Corporation [70] 1.50 MK XXIII six-component internal sting balance
provided by The Boeing Company [71] was connected to an AA Lab Systems [72]
G-3000 mainframe. The mainframe contains six G3006 enhanced differential amplifiers
and excitation modules. Excitation voltage, gain, offset and filter values are adjustable
and can be set independently for each module. The mainframe is powered by an
external power supply and connected to an A/D card (NI [73] PCI-6221) using a NI
BNC-2090 terminal block. The system was determined to operate in referenced single-
ended (RSE) mode. The A/D card was self-calibrated against an on-board reference
voltage a priori. The cylindrical part of the balance, secured by the forward/lower
shoulder pin, was mounted rigidly to the traversing mechanism while the tapered end,
secured by two key pins, was connected to the wing (Fig. 3.1b) and thus can flex due
to the (gravitational or aerodynamically) induced loads. A convergence algorithm
similar to the one presented for pressure measurements was utilized featuring the same
convergence criterion (1%). Aerodynamic coefficients, see Section 3.3, were derived
from the recorded data for each configuration tested. Further information about the
calibration, gain tuning, zero load determination, span adjustment, component load
calculation and repeatability are provided in Appendix A.

A software solution was developed by Tewes using LabView [74]. It is capable of
acquiring balance and pressure data simultaneously as well as changing the angle of
attack thus recording predefined envelopes automatically. The obtained data were
reduced in situ, i.e., lift polars were displayed and updated after a change in incidence.
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Raw voltage time-series, averaged values and coefficients were saved to files. MATLAB
[75] was used to post-process the obtained data.

Flow visualization was carried out using white tufts made out of bamboo wool.
To further enhance the contrast, the wing was covered with a thin non-reflective
black self-adhesive foil. Each tuft was 16mm long and aligned with the oncoming
flow. Tufts were applied every 25mm measured normal to the leading edge and
spaced 32mm (parallel to the leading edge). 250 images were taken with an IDT
[76] X-Stream Vision XS-3 high-speed camera and the accompanying proVISION-XS
software package at 50Hz. Illumination was provided by using a standard studio
lighting kit. Optical access to the test-section was limited. Therefore, the semi-span
wing was subject to perspective distortion. However, no lens corrections were applied.
The acquired images were processed using MATLAB [75]. The underlying algorithm
is explained in more detail in Section 3.4.

3.3 Acquisition of Forces and Moments

The developed software requires some parameters with respect to the data acquisition
process to be set a priori. Initially data were taken for 15 s. To further improve
the quality of the data, the acquisition program measured voltages repeatedly (+5 s)
until a convergence criterion of 1% for the relative error (weighted average) of every
channel is achieved (up to 60 s). Data was sampled at 1,000Hz and low-pass filtered
at 100Hz.

Aerodynamic results due to force balance measurements were obtained by taking
the difference between balance loads measured during run conditions and a reference
load condition (tare). A tare is defined as the load on the balance resulting from the
model’s weight. If the two measurements are obtained reasonably close to one another
in time, then perturbations (e.g., temperature) which will cause the balance output
to drift tend to cancel out. A typical balance measurement cycle is defined as follows:

(i) Apply model in test configuration (fixed: sweep angle, flap deflection, aspect
ratio and actuator spacing).

(ii) Obtain tare envelope to account for gravitational forces due to model weight
and center of gravity shift.

(iii) Turn wind on.
(iv) Take data for baseline and various momentum coefficients for desired range of

angle of attack.
(v) Turn wind off.
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3.3.1 Balance Force and Moment Transfer

The iterative algorithm described in Appendix A.5 returns the converged component
load vector (Gn,1)t=final. This vector consists of five forces and one moment, see
Eq. (A.6). The beforehand acquired tare data were subtracted from each component.
Afterward, the left-handed balance coordinate system was transferred into a right-hand
system by multiplying each component with a directional unity vector d.

d =
(
−1 −1 +1 +1 +1 −1

)T
∆G = d · (Gwind-on −Gtare) (3.5)

Both normal force components (N1 and N2) were used to calculate the resulting
normal force and the balance pitching moment. Similarly, the side force components
S1 and S2 are used to calculate the side force and the balance yawing moment. The
axial force AF and the balance rolling moment RM were measured directly. All
forces and moments (utilizing the cross product) were calculated at the balance’s
centroid, which equals the balance moment center (BMC) in balance-fixed coordinates
(index “b”). The distance of the strain gauges to the balance centroid are given by
|n| = 76.2mm and |s| = 63.5mm whereas n1, s1 < 0 and n2, s2 > 0.

FBMC,b =


SF

AF

NF

 =


S1 + S2

AF

N1 +N2

 (3.6)

MBMC,b =


PM

RM

YM

 =


n1N1 + n2N2

RM

− (s1S1 + s2S2)

 (3.7)

The center of pressure (CoP) is the theoretical point where the entire pressure field
can be represented by a single force vector with no moment around it. The location
of the CoP varies with incidence. Therefore, the CoP is not a good choice for moment
analysis. Similar to the CoP is the aerodynamic center (AC) where the pitching
moment based on the acting aerodynamic forces does not vary with lift and is thus
independent of incidence angle (i.e., dCPM/dCL = 0). Consequently, the aerodynamic
center represents the location where the increment in lift due to a change in incidence
will act and thus the moment around the same point will be zero. Therefore, the AC is
the preferred reference point for analyzing moments and establishing stability criteria.
An aircraft or wing is considered statically stable in the longitudinal direction when it
returns to the initial condition after a change in incidence (e.g., due to gusts) without
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any external intervention: dCPM/dα < 0 and dCL/dα > 0. For an unswept wing,
neither tapered nor twisted, based on a relatively thin airfoil section (i.e., NACA 0012
airfoil), the location of the AC is at approximately 25% of the root chord (according to
thin airfoil theory). However, this is not true once one of these conditions is violated,
e.g., the wing is either swept backward or forward.

An iterative method is used to determine the location of the aerodynamic center.
To begin with, two known vectors (e.g., leading and trailing edge of the root chord)
relative to the balance’s moment center are required to calculate the current shift
coordinates, rAC,b = LE+κ · (TE − LE), for any x/c along the root chord. An initial
starting point is selected on the root chord (e.g., x/c = 0.25). Afterward, forces and
moments are shifted from the balance moment center (BMC) to the aerodynamic
center (AC). A parallel shift of forces does not alter their values but introduces
additional moments based on the acting forces, Eqs. (3.8) and (3.9), with rBMC,b = 0
as the origin.

FAC,b = FBMC,b (3.8)
MAC,b = MBMC,b + (rBMC,b − rAC,b)× FBMC,b (3.9)

= MBMC,b + (−rAC,b × FBMC,b)

The moments are evaluated after each shift with the slope condition dCPM/dCL = 0
as the criterion. The accuracy of such a procedure depends on the iterative step size
that in this case was set to ∆x/c = 0.003 which is equivalent physically to 0.8mm.

3.3.2 Coordinate Systems and Aerodynamic Coefficients

The coordinate transformations are intentionally performed after shifting the forces
and moments to the aerodynamic center. Performing this shift in balance coordinates
greatly simplified each element of the shift vector. In order to further reduce the
data toward aerodynamic coefficients, all quantities have to be expressed either in
aerodynamic (i.e., forces) or body-fixed coordinates (i.e., moments). The body-fixed
coordinate system coincides with the aerodynamic coordinate system for α = 0°.
However, it moves with the semi-span wing when the model rotates due to a change
in angle of attack. (y = yf ). A right-hand Cartesian aerodynamic coordinate system
is defined as:

• x is positive: in the direction of the freestream.
• y is positive: along the span of a right-hand wing.
• z is positive: normal to the x-y plane in the direction of lift.
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Figure 3.3: Balance to aerodynamic coordinate system transformation at AC

Sketches are shown in Fig. 3.3 to visualize the transformation from balance to
aerodynamic coordinates. The described transformation is based on a right-hand
coordinate system. Therefore, a mathematically positive rotation follows the right-
hand rule. For simplification, transformation is divided into two steps to correct for
normal angle of attack and sweep. However, the order of how the transformation
matrices are applied is crucial and cannot be switched. First, the balance coordinate
system is rotated around the yb-axis to account for the current normal angle of attack
(Fig. 3.3a). Secondly, the forces and moments obtained in the previous step are
corrected for the sweep angle (Fig. 3.3b). Finally, those two steps are combined in one
global transformation matrix using matrix multiplication whereas the first rotation is
described by the matrix DαN .

D

S

L


AC,a

=


cos θ sin θ 0
− sin θ cos θ 0

0 0 1


︸ ︷︷ ︸

DΛ

·


cos γ 0 − sin γ

0 1 0
sin γ 0 cos γ


︸ ︷︷ ︸

DαN

·


SF

AF

NF


AC,b

(3.10)

=


cos θ cos γ sin θ cos θ (− sin γ)
− sin θ cos γ cos θ − sin θ (− sin γ)

sin γ 0 cos γ

 ·

SF

AF

NF


AC,b

Moments are decomposable analogous to forces, see Eq. (3.10). Hence, the same
transformation scheme can be used to obtain the moments in aerodynamic coordinates.

[
MR MP MY

]T
AC,a

= DΛ ·DαN ·
[
PM RM YM

]T
AC,b

(3.11)
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The balance’s centerline (coincides with the axial force) is parallel to the axis of
rotation and the leading edge for the semi-wing. Thus, the balance rotates when the
wing changes its incidence. Therefore, the aerodynamic angle of the attack α is a
function of αN whereas the sweep angle Λ remains constant. The angle of attack is
defined as the angle between the root chord of the semi-wing and the oncoming flow.
The angle of attack can be expressed in terms of sweep and normal angle by using
simple trigonometry.

α = arctan (tanαN · cos Λ) (3.12)

Both angles coincide while in the unswept configuration (Λ = 0°). This usage of
a simple transformation does not take protrusion into account. Rotating the wing
parallel to the leading edge moves the wing out of the x-z plane. Therefore, the same
chord used at α = αN = 0° does not fulfill the angle of attack definition anymore.
Thus, a new chord was introduced within the x-z plane (parallel to the wall). The
introduced deviations are small and thus negligible.

So far, all quantities are expressed in aerodynamic coordinates. The direction
of e.g., lift and and drag being normal and parallel to the oncoming freestream
are important. They define the glide angle that is synonymous to the efficiency of
an aircraft. However, all moments, Eq. (3.11), should be defined in a body-fixed
coordinate system. They provide the rotation around each of the three axes, which
define the body-fixed coordinate system. The angle of attack, Eq. (3.12), is the leading
parameter describing the transformation between the two coordinate systems.

MR

MP

MY


AC,f

=


cosα 0 − sinα

0 1 0
sinα 0 cosα

 ·

MR

MP

MY


AC,a

(3.13)

The aerodynamic coefficients [77] are defined traditionally. Force coefficients are
obtained by dividing the aerodynamic forces, Eq. (3.10), by dynamic pressure and
wing reference area. The moments, Eq. (3.13), are normalized analogously. In addition,
they are either divided by semi-wing span (b) or root chord (c).

CD = D

q · Awing
CS = S

q · Awing
CL = L

q · Awing

CRM = MR

q · Awing · b
CPM = MP

q · Awing · c
CYM = MY

q · Awing · b
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3.4 Image Processing for Tuft Flow Visualization

This method was developed by Tewes. The goal of this approach is to obtain an
averaged image which distinguishes between steady (attached) and unsteady (e.g.,
separated or vortex) flow. A defined contrast between the wing surface and the applied
tufts, e.g., white tufts on black surface, is recommended. Furthermore, balanced illu-
mination is important. The number of images is based on the sampling frequency and
the sample duration and should be determined based on the experimental conditions.

Each image is read into the post-processing software and cropped to the region of
interest. In addition, the first image is stored as a designated background image. The
following operations are performed for each image. To begin with, all background
objects that are not part of the wing are automatically detected and blackened.
Afterward, a threshold is established that is used to convert the gray-scale image to
a binary one. By doing so, the tufts are segmented from the wing. Then converted
back to the gray-scale regime and added to the previous converted images. Finally,
the averaged image sequence is added to the background image to include the wing
contour again. As a result, steady flow appears as a single tuft and unsteady flow is
seen as a fan.



4. Application of Active Flow
Control to Non-Swept Wings

All experiments were conducted at U∞ = 22m/s yielding at a Reynolds number
(c/ν · U∞) of 300,000 (as described in Chapter 3). Initially the flow over a two-
dimensional airfoil section is discussed. Afterward, semi-span wings of various aspect
ratios were examined and an attempt is made to collapse the results onto a single
curve. Furthermore, the effect of spanwise actuator distribution on the efficiency of
the actuation system was assessed.

4.1 Two-dimensional Airfoil Section

The results obtained in this section focus on gathering information about the perfor-
mance of the airfoil, its low-speed stall characteristics and separation angle. Further-
more, data obtained by the force balance is compared to data derived from pressure
measurements and to a viscous solution computed utilizing XFOIL. Fluidic Oscillators
were deployed to control the separated flow. The efficiency of this actuation system is
assessed.

4.1.1 Natural Flowfield without Momentum Input

Baseline experiments (i.e., in the absence of AFC) were conducted and angle of attack
surveys were accumulated for various flap deflections. Higher flap deflections shift
maximum lift values to lower angles of incidence (Fig. 4.1a). The flow is fully attached
at δ = 0° up to α = 6° generating a lift slope of a0 = dCL/dα ≈ 0.11 per degree or
2π per radian. This agrees perfectly with two-dimensional thin airfoil theory. For
6° < α < 12°, the lift slope decreases with increasing angle of incidence until the
wing stalls at α = 13°. Maximum lift (CL,max = 1) and stall angle (αstall = 13°) agree
remarkably well with data provided in [66] for the same airfoil section. Almost the
same dCL/dα is observed at δ = 10° and 20° but the deviation of the lift slope from
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Figure 4.1: Baseline results for various flap deflections: Λ = 0° and AR =∞

its constant value occurs at lower incidence (e.g., at δ = 10° it occurs at α ≈ 0° and at
δ = 20° it corresponds to α = −8°). Thus, the airfoil’s stall angle advances from 13°
to 6° while increasing δ to 40°. The airfoil is not perfectly symmetrical for δ = 0° due
to the presence of the fluidic oscillators on its upper surface and due to asymmetric
tripping. Thus, the minimum drag (Fig. 4.1b) is observed at α ≈ −3°. The large
shift to the right of the drag polar is due to flow separation from the flap. It is most
clear at δ = 20° where separation over the flap becomes noticeable at α = −7° and it
is completed at α = 0°. This is accompanied by a lower lift slope. The lift slope is
approximately 2π between −2° < α < 2° despite the fact that the flow over the flap
is separated. This seems to hold even for δ = 30° and 40° although the flow over the
entire flap is separated at all values of α considered. At this flap deflection (δ = 40°),
the airfoil stalls sharply at α = 6° corresponding to CL = 1.73.

For δ = 0°, the highest lift-to-drag ratio (CL/CD ≈ 15) corresponds to CL ≈ 0.6
at α = 5° although the lift-to-drag ratio is almost constant at incidence ranging from
3° < α < 7°, see Fig. 4.1c. Deflecting the flap to δ = 10° increases the maximum ratio
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to CL/CD ≈ 20 at CL ≈ 0.8. Although the maximum is shifted to lower angles of
attack (α ≈ 2°). Thus, a slight camber provided by the deflected flap that retains the
attached flow improves the performance of the airfoil. This is understandable because
the deflected flap forces the flow downward at the trailing edge that generated a lift
force in the opposite direction. At δ = 20°, the maximum lift-to-drag ratio is reduced
due to flow separation over the flap that becomes complete at δ = 30°. Therefore
the lift-to-drag ratio corresponding to δ = 30° is almost constant (CL/CD ≈ 10).
The lift-to drag ratio decreases further (CL/CD ≈ 8) for the highest flap deflection
considered: δ = 40°.

The pitching moment (Fig. 4.1d) is calculated around the quarter chord point
(as suggested by thin airfoil theory). Conventionally, a positive pitching moment is
defined as rotating the airfoil in the nose-up direction. The quarter chord point is
the aerodynamic center according to thin airfoil theory implying that the pitching
moment around that location does not change with α, dCPM/dCL, unless separation
occurs. For a symmetric airfoil (δ = 0°), CPM ≈ 0 up to CL = 0.8 or up to α = 8°.
A further increase in incidence (8° < α < 13°) yields a slight tendency to drop the
nose, i.e., dCPM < 0. The pitching moment become more negative at and after stall.
Deflection of the flap shifts CPM to negative values (e.g., CPM = −0.09 for δ = 10°
at α = 0°) that remains constant until stall (i.e., up to CL = 1.2 for δ = 10°). Thus,
a slight camber improves the constancy of CPM with varying CL and hence with
α. It is interesting to note that CPM does not change at large values of α where
(dCL/dα) is no longer a constant (e.g., for δ = 10°). For δ = 20° and α = −7°, the
pitching moment coefficient increases when the separation location over the flap moves
upstream. However, once the separation location is constant as it is for δ ≥ 30° and
CL > 0.6, the pitching moment remains constant until the airfoil stalls, although the
value of the constant does not agree with thin airfoil theory predictions.

A fundamental understanding of the boundary layer separation and thus stall
characteristics is necessary in order to improve the effectiveness of flow control around
this airfoil. Thus, pressure distributions (Fig. 4.2) in chordwise and spanwise direction
were evaluated for two cases (δ = 0° and 30°) in order to understand how separation
starts to occur and identify how it can be delayed or prevented. Starting with the
pressure distribution corresponding to δ = 0° (Fig. 4.2a), the leading edge suction
peak increases up to an incidence of 13° when the flow over the non-deflected flap
starts to separate. The trailing edge pressure coefficient keeps decreasing for each
increment of α. Separation progresses upstream and the leading edge suction peak
is collapsed at α = 15°. For δ = 30°, Fig. 4.2b , the flow over the flap is always
separated and a complete stall occurs at α ≈ 9° similar to δ = 0°. Flow separation
starts independently of flap deflection at the trailing edge and progresses upstream.
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Figure 4.2: Chordwise pressure distributions for Cµ = 0%: Λ = 0° and AR =∞
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Figure 4.3: Wing characteristics compared to sectional and computed data

The two-dimensionality of the process was assured by monitoring that there was no
variation in spanwise pressure (not shown).

4.1.2 Comparison between Force, Sectional and Computed
Data

The characteristics of a two-dimensional airfoil are usually represented by the integral
value of sectional pressure distributions (e.g., lift and moment). It is important to
know how well these characteristics correlate with lift and pitching moment coefficient
obtained by force measurements, see Fig. 4.3. In addition, viscous solutions were
calculated with XFOIL. Sectional (y/b = 0.73) and computed lift coefficients are
compared for two flap deflections (Fig. 4.3a). The computed flow was tripped
equivalent to the model used in the experiments, Section 3.1. In general, pressure
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Figure 4.4: Pressure distributions for sectional (y/b = 0.73) and computed data

and force data are in reasonable agreement. Slight differences are observed for angles
of attack close to the stall. However, the calculated lift is only in good agreement as
long as the flow is attached. Although the stall angle, αstall = 13°, is consistent with
the measured data, the maximum lift coefficient is over predicted by approximately
16%. Furthermore, the stall progresses smoother compared to measured force and
sectional data. Similar conclusions are drawn for the pitching moment (Fig. 4.3b).
All moments are calculated around the quarter chord point (aerodynamic center, see
Section 3.3.1). The range of constant pitching moment is in very good agreement
for δ = 0°. As previously mentioned for lift, deviations are visible close to stall. In
general, moments are more sensitive to changes compared to lift. Thus, the onset of
separation around CL ≈ 0.5 is easier to observe while analyzing pitching moments.
Deflecting the flap to 30° shows a similar behavior for force and pressure based data.
However, deviations e.g., in lift slope are more notable. The stall angle coincides at
αstall ≈ 8° but maximum lift for the computed data is again predicted higher than the
measured values. In general, higher lift coefficients are computed at a given incidence.
It is derived from the pitching moment data that flow separation over the flap is
progressing and completed at CL ≈ 0.1 since the moment remains constant afterward
until the onset of stall. Fig. 4.2b shows for various angles that indeed the flow is
separated over the flap. This trend is observed in the calculated data as well. However,
XFOIL is not representing the flow accurately enough once separation is present. This
is true for partly separated flow as well. In conclusion, force and sectional data are in
good agreement for the two-dimensional airfoil. Hence, balance data will be used to
represent the infinite configuration for the remainder of this project.

Pressure measurements are evaluated at α = 0° and maximum lift (at αstall) for
both flap deflections (Fig. 4.4). The measured data collapses with the computed at
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α = 0°, see Fig. 4.4a. Increasing the incidence up to stall (α = 13°) reveals that
XFOIL predicts the flow to be more attached near the flap hinge. Furthermore, a
strong leading edge suction peak is formed yielding a CP ≈ −7. This is accompanied
by the existence of a bubble close to the leading edge. However, the flow computed by
XFOIL on the high pressure side coincides with the measured pressure distribution.
Deflecting the flap to δ = 30°, Fig. 4.4b, confirms some of the observation made for
zero flap deflection with respect the flow over the pressure side and the existence
of the leading edge bubble at αstall ≈ 8° close to the leading edge. Besides that, at
α = 0°, the computed solution predicts the separated flow over the flap correctly as
well as the flow over the upper surface. However, the suction peak is more developed
compared to the measured data. A secondary peak at the flap shoulder due to flap
deflection is not existent for the measured pressure data (flow completely separated
over flap). It is also stated that XFOIL calculated stall starting at the trailing edge
and progressing upstream as it was measured presently and shown in Fig. 4.2.

4.1.3 Control of Separated Flow

The next step is to analyze how separation can be controlled by deploying fluidic
oscillators. Results were obtained for various flap deflections. The actuator spacing
was set to 25mm (not dimensionless due to infinite aspect ratio) and momentum
coefficients in increments of 0.5% up to 3% were investigated. Initially, a survey for
α = 0° was performed, see Fig. 4.5. Active flow control shows no effect for δ = 0°
(Fig. 4.5a). The flow over the flap is always attached until the airfoil starts to separate,
compare to Fig. 4.1a. Deflecting the flap to δ = 10° reveals minor improvements due
to preventing impending flap separation. At δ = 20°, the flow is fully separated over
the flap. The increase in CL stems from reattaching the flow over the flap. Similar
conclusions can be drawn for δ = 30°. At δ = 40° even a high momentum input does
not yield a substantial improvement. The dashed line represents the potential flow
solution based on thin airfoil theory. It reflects in some ways an upper limit, which
represents what is the maximum possible improvement due to momentum input.

The relative gain in lift compared to the baseline value is shown in Fig. 4.5b. Small
flap deflections, δ = 0° and 10°, are not generating a gain in lift with increasing
momentum input. This is mainly because the flow is not separated yet and the added
momentum is recovered as thrust. An almost linear increase in ∆CL is obtained
for δ = 20°. A small momentum input is attaching the flow partially over the flap.
A further increases in momentum input results in a full attachment over the flap
that increases the lift by ∆CL = 0.4 for Cµ = 3%. At δ = 30°, a higher Cµ is
initially required to attach the flow over the flap. But the slope d∆CL/dCµ is higher
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Figure 4.5: Active flow control survey for α = 0°: Λ = 0° and AR =∞

compared to δ = 20° due to the geometric potential of this flap deflection. A decline
in lift improvement is observed for δ = 40°. The highest momentum input considered
(Cµ = 3%) is only partially attaching the flow over the flap. Although full attachment
is expected for the magnitude of momentum input compared to results obtained for
lower flap deflections. Most likely, the geometric angle between the exit center line of
the fluidic oscillator and the flap chord is too high to overcome and the jet attachment,
due to the Coanda effect, fails. The resultant geometric angle is a function of flap
deflection. It increases with δ since the actuators are located close to the trailing edge
of the main element.

Pressure distributions are analyzed for δ = 20° and 30°, Fig. 4.6, at α = 0°
to further explore the benefits on lift provided by active flow control (as seen in
Fig. 4.5b). Starting with δ = 20°, see Fig. 4.6a, the flow is separated over the flap.
Partial attachment over the flap is achieved for Cµ = 0.5%. Increasing the momentum
input yields to full attachment over the flap. The increase in CL is mainly due to
the growing suction peaks at the leading edge and the flap shoulder (provided by the
output of the fluidic oscillator). The upstream effect is due to increased circulation
and it affects the pressure over the entire upper surface whereas the flow on the
pressure side is not affected. The suction peak is enlarged by 38% for Cµ = 3%
yielding a local CP = −2. Deflecting the flap to δ = 30°, Fig. 4.6b, the same trend
continues. The baseline flow over the flap as well as for Cµ = 0.5% is fully separated.
The attached flow area over flap increases with momentum coefficient. The flow is
fully attached over the flap for Cµ’s of 2.5% and 3%. The upstream effect of the
flow over the suction side is more noticeable compared to δ = 20° resulting in a more
pronounced suction peak. As before, the pressure side is not influenced by deploying
fluidic oscillators.
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Figure 4.6: Chordwise pressure distributions for various flap deflections at α = 0°

Active flow control results for a broad range of angles of attack are shown in Fig. 4.7
for δ = 30° for a selection of momentum coefficients. The natural flow over the flap is
separated for all angles of incidence considered. The airfoil stalls sharply at α ≈ 7°.
The stall angle is not altered while deploying active flow control since the actuators
do not mimic leading edge devices. A momentum input of Cµ = 1% attaches the
flow over the flap until α ≤ −11° and then separates. The flap separation process is
completed at α ≤ −7° and the lift polar coincides with the baseline for increasing
incidence. The flap separation process is observable in pitching moment (Fig. 4.7b)
and drag (Fig. 4.7c). At Cµ = 2%, the flow is fully attached for α ≤ −11° and
remains partially attached over the flap until stall. A further increase in momentum
input to Cµ = 3% attaches the flow completely and boosts the lift-to-drag ratio to
17, see Fig. 4.7e. Although the kink at CL ≈ 0.8 might indicate minor separation
over the flap. Overall, the lift-to-drag ratio improves for a constant CL. In addition,
CL is increased while maintaining the same lift-to-drag ratio, i.e., CL/CD ≈ 8.5 for
CL > 1.4.

It is assumed that most of the momentum input is recovered in the direction of
drag. The thrust generated by the actuators is included in the measured drag force.
Thus, the momentum coefficient is assumed to be equivalent to the thrust and added
to the drag to assess the performance of the actuation. Therefore, all polars involving
drag are reevaluated. The plotted axis scales for both figures are maintained in order
to visualize the effect clearer. The corrected drag is shown in Fig. 4.7d. The resultant
drag, for the highest momentum input considered, is lower than the baseline even
after the theoretical total input, Eq. (3.1), was added as drag. This implies that the
effect is not solely due to the added momentum but rather due to reattaching the
flow. The overall lift-to-drag ratio is reduced but the gain in CL is maintained for a
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Figure 4.7: Active flow control results for δ = 30°: Λ = 0° and AR =∞

given CL/ (CD + Cµ) ratio, see Fig. 4.7f.
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4.2 Finite Wings with Different Aspect Ratio

The airflow around the wing tip of a finite rectangular wing lowers the pressure
difference between suction and pressure side, thus reducing lift generation near the
tip and decreasing the effective angle of attack. This tip circulation is the cause for
the formation of trailing vortices. A wing with a high aspect ratio has the tips further
apart than an equal area wing with a low aspect ratio. Thus, the wing area affected
by the tip vortex is lower for high aspect ratio wings. The loss of lift and increase
in drag due to tip circulation is less pronounced. A low aspect ratio wing stalls at a
higher angle of incidence due to the reduced effective angle of attack near the wing
tip. The concept is e.g., used for aircraft stability of a conventional tube and wing
airplane to ensure that the elevator (low AR) will stall later than the main wing
(higher AR), thus assuring pitch control during the entire flight envelope.

4.2.1 Self-Similarity of the Baseline Flow

Transition to finite configurations is achieved by simply removing the artificial wall.
By doing so, the aspect ratio (AR = 2 · b2/Awing) changes from AR =∞ to AR = 7.5.
The aspect ratio can be further reduced by moving the semi-span wing out of the
test-section.

Fig. 4.8 provides an overview for all aspect ratios considered for the unswept
configuration at zero flap deflection without any momentum input. The angle at
which zero lift is achieved is independent of aspect ratio (αCL=0 ≈ 0°), see Fig. 4.8a.
Furthermore, a decrease in lift slope is observed for a reduction in aspect ratio. This
shifts the stall angle to higher values (i.e., ∆αstall = 4°) for the ratios investigated due
to the induced angle of attack. It is also noted that stall itself appears to be smoother
and not that abrupt. For the same ratios, the maximum lift coefficient is enhanced
for an increase in aspect ratio by (∆CL,max = 0.16). The dashed lines in Fig. 4.8a is a
prediction of the lift slope based on an equation Eq. (4.1) provided by Helmbold [78].

a = a0√
1 + [a0/ (πAR)]2 + a0/ (πAR)

(4.1)

This equation originates from Prandtl’s lifting-line theory and is modified to suit
low-aspect ratio (AR < 8) straight wings. It is based on lifting-surface theory, which
accounts for chordwise distribution of bound circulation as well as the spanwise
distribution. The calculated slope, a = dCL/dα, agrees very well with the measured
data. Even a minor change in aspect ratio, i.e., ∆AR ≈ 1, is distinguishable in
measured and predicted lift slope.
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Figure 4.8: Baseline results for various aspect ratios: Λ = 0° and δ = 0°

The profile drag, CD at CL = 0 or short CD0, is independent of aspect ratio
(Fig. 4.8b). Therefore, the total drag is mainly determined by the induced drag,
Eq. (4.2), which becomes more dominant for a decrease in aspect ratio.

CD = CD0 + CDi (4.2)
= CD0 + C2

L/ (πeAR)

where e is the so-called span efficiency factor for wings. Definition and values are
given in [79]. The more known Oswald [80] efficiency factor is defined for complete
aircraft configurations and does not apply to semi-span wings. Eq. (4.2) is added to
Fig. 4.8b and represents the measured data remarkably well.

The pitching moment (Fig. 4.8c) is calculated around the root quarter-chord point
for all unswept aspect ratios considered in this work. The slightly positive moments
originate from a not perfectly symmetrical semi-wing due to the presence of the
actuation system on the suction side. The pitching moment is not only constant
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Figure 4.9: Pressure distributions for AR = 4.4 close to stall: ξ/cn = 0.73,
y/b = 0.55

(CPM ≈ 0.008) up to CL ≈ 0.4 but also identical for all aspect ratios considered.
Thus, the location of the aerodynamic center, (x/c)AC , for unswept finite wings does
not change and hence is independent of aspect ratio. For higher CL, the pitching
moment becomes more negative due to vortex shedding from the upper surface but
remains similar for all aspect ratios. For CL > 0.6, the lowest ratio starts to deviate
first due to a lower maximum lift coefficient and thus the onset of stall.

Pressure measurements, Fig. 4.8d, were examined for a constant lift coefficient of
CL = 0.35. It is derived from Fig. 4.8a that the same lift occurs at different angles of
attack. A lower AR wing requires higher incidence than a comparable high AR wing
to produce the same CL. The location of the chordwise section has a constant distance
with respect to the tip of the semi-wing but the location in terms of y/b differs with
aspect ratio. Still, the local pressure coefficients coincide for all but the lowest aspect
ratio considered. This is due to close proximity of the tunnel wall (y/b = 0.17) as well
as the greater influence of the tip vortex. The flow is attached over both surfaces and
a common suction peak of CP ≈ −1.1 is achieved.

Furthermore, the stall behavior was analyzed. Starting with an aspect ratios of
AR = 4.4, see Fig. 4.9. The aim is to ensure that the stall mechanism, as described
for the two-dimensional airfoil section, is maintained despite the changes in aspect
ratio. Chordwise (Fig. 4.9a) pressure distributions were evaluated first. The leading
edge suction peak increases for an increase in incidence. At the same time, the
chordwise pressure gradient rises. The pressure at the trailing edge becomes negative
(CP ≈ −0.5) when the pressure peak at the leading edge collapses at αstall = 14°.
This is observed while monitoring the spanwise distribution as well, see Fig. 4.9b.
The pressure coefficients close to the tunnel wall are reduced compared to the more
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Figure 4.10: Pressure distributions for AR = 7.5 close to stall: ξ/cn = 0.73,
y/b = 0.73

outboard ones. This is due to the development of the necklace vortex and thus
more pronounced for the lower aspect ratio considered and possibly a more advanced
inboard partial separation. Once separation over the entire wing upper surface is
completed, a constant CP ≈ 0.6 is achieved for ξ/cn = 0.73. The further outboard
reduction in pressure is due to the strong tip vortex.

The pressure distributions for the higher aspect ratio (Fig. 4.10) are qualitatively
identical compared to Fig. 4.9 for a given angle of attack. Furthermore, location and
magnitude of the leading edge suction peak are similar, see Fig. 4.10a. Comparable
conclusions are drawn for the measurements obtained along the span, see Fig. 4.10b.
Thus, a change in aspect ratio (∆AR ≈ 3) does not alter the type of stall. Furthermore,
it is assumed that the stall behavior does not change with flap deflection and still
follows the mechanisms described here.

In addition, polars were obtained for δ = 30° and shown in Fig. 4.11. The zero lift
angle, αCL=0 ≈ −12°, is constant for all aspect ratios considered, see Fig. 4.11a. The
slope dCL/dα is predicted by Eq. (4.1). The predicted slope holds even for separated
flow over the flap. The stall angle advances from ∆αstall = 8° for AR = 7.5 to
∆αstall = 12° for AR = 2.4. For the same comparison, ∆CL,max is reduced by ≈ 0.23.
The drag coefficient at zero lift, Fig. 4.11b, is increased due to the deflected flap (see
Fig. 4.8b for comparison). However, CD0 ≈ 0.08 is still independent of aspect ratio as
it was before. Eq. (4.2) used previously represents the induced drag components well.

More scatter is observed while analyzing the pitching moment shown in Fig. 4.11c.
The distribution for the lowest aspect ratio (AR = 2.4) deviates most from the rest
due to the dominance of the non-linear effects. The remaining curves coincide well. It
appears that the flow separation over the flap is in progress for CL < 0.4. This was
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Figure 4.11: Baseline results for various aspect ratios: Λ = 0° and δ = 30°

not observable in lift. A further increase in incidence yields a constant CPM ≈ −0.19
due to the flow being fully separated over the flap. This changes once separation
starts to occur over the main element for CL > 1.1 and vortices being shed over the
upper surface are closer to the surface.

The measured pressure distributions, Fig. 4.11d, coincide for a common CL ≈ 0.8.
Once again, deviations are most noticeable for the lowest aspect ratio. The leading
edge suction peak at approximately ξ/cn ≈ 0.05 yields a CP ≈ −0.9. The flow over
the flap is partly separated besides a smaller secondary suction peak at ξ/cn ≈ 0.65.
Although measured at different incidences, it is concluded that the lift coefficient is
generated in the same way for all aspect ratios investigated.

It is shown in Figs. 4.8b and 4.11b that CD0 is independent of all aspect ratios
considered and hence constant. Thus, the difference between two wings with AR1

and AR2 is described by the induced drag (as defined in Eq. (4.2)) for a given lift
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Figure 4.12: Scaling lift and drag to AR = 7.5: Λ = 0°, δ = 0°, Cµ = 0%

coefficient:

CD0,1 = CD0,2

CD,1 − C2
L/ (πe1AR1) = CD,2 − C2

L/ (πe2AR2)
CD,2 = CD,1 + ∆CDi

CD,2 = CD,1 + C2
L

π

( 1
e2AR2

− 1
e1AR1

)
(4.3)

It is derived from Figs. 4.8d and 4.11d that the angle of attack of a finite wing with
AR1 has to be changed by ∆αi to obtain the same lift coefficient as observed for e.g.
a wing with AR2: CL (α + ∆αi). This was pursued in an attempt to collapse the lift
polar for all aspect ratios considered independent of the state of the flow (attached or
separated). The induced angle of attack [81] is defined as:

α2 = α1 + ∆αi

α2 = α1 + CL
π

( 1
e2AR2

− 1
e1AR1

)
(4.4)

These equations are applied to wings of different aspect ratios ranging from
2.4 < AR < 7.50. The flap deflection was kept constant and was either δ = 0° or
δ = 30°. The data was collapsed onto a single curve for the appropriate δ except
at α that either approaches stall or corresponds to it, see Figs. 4.12 and 4.13. The
non-linear regime due to a more developed tip vortex, for AR = 2.4, becomes more
visible in these figures.
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Figure 4.13: Scaling lift and drag to AR = 7.5: Λ = 0°, δ = 30°, Cµ = 0%
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Figure 4.14: Active flow control: Λ = 0°, α = 0° for various AR and Cµ

4.2.2 Influence of Active Flow Control on Self-Similarity

Active flow control was applied to unswept semi-span wings of various aspect ratios.
The spacing between adjacent actuators was ∆s = 25mm. However, the number of
active actuators depends on the span. A survey was conducted over a wide range
of flap deflections at α = 0° for two different aspect ratio. The results are shown in
Fig. 4.14. No gain was achieved for δ < 20°. At δ = 30°, both aspect ratios yield the
same gain in CL for each momentum coefficient, e.g., ∆CL = 0.4. This lead to the
question if the lift polars for various momentum coefficients are collapsible onto a
single curved as shown for the baseline.

Based on the similarity of the results shown in Fig. 4.14, Eq. (4.4) is applied
for different momentum coefficients. The results are shown in Fig. 4.15. All curves
are reduced to AR = 7.5. In general, it appears that Eq. (4.4) is applicable. As
anticipated, the stall angle αstall = 8° of the reference aspect ratio is not influenced by
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Figure 4.15: Scaling lift to AR = 7.5: Λ = 0°, δ = 30° for various Cµ

active flow control. For the smallest momentum input, Cµ = 1%, the flow is attached
over the flap for α + ∆αi < −11°, Fig. 4.15a. Afterward the flow separation over the
flap is in progress that is completed at α + ∆αi ≈ −6°. This highly unsteady process
is very well captured and collapses onto each other by applying Eq. (4.4). Increasing
the momentum input to Cµ = 2%, Fig. 4.15b, keeps the flow attached over the flap
until α + ∆αi ≈ −7° In addition, the separation process over the flap appears to be
smoother. The highest momentum coefficient considered (Cµ = 3%) attaches the flow
over the flap until the onset of stall at α + ∆αi ≈ −4°, see Fig. 4.15c.

A more detailed look at applying active flow control to a finite unswept wing is
described in Section 4.2.3 and Section 5.2.

4.2.3 Effect of Spanwise Actuator Distribution

The questions arose if a change in spanwise actuator spacing affects results and the
improvements obtained previously. This has been tested for a representative aspect
ratio of AR = 7.5. Until now, 29 actuators were spaced ∆s = 25mm apart or as a
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Table 4.1: Actuator distribution for Λ = 0° and AR = 7.5

∆s, mm ∆s/b, % nact, # (y/b)1stact, % Cµ,max, %
25 3 29 2 3.0
76 10 10 5 2.0
152 20 4 25 1.0
305 40 2 25 0.5
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Figure 4.16: Effect of spanwise actuator distribution as a function of flap deflection:
Λ = 0°, AR = 7.5, α = 0°:

ratio of the semi-span: ∆s/b = 3%. The number of active actuators decreases for an
increase in spacing. Table 4.1 gives an overview of the spanwise actuator distributions
that is mirrored around y/b = 0.5. Data were obtained for flap deflections of δ ≥ 20°.
The increment was reduced to 5° to obtain a better resolution. Flap deflections below
were not considered due to minimal effectiveness of the actuation system (Fig. 4.14).
The maximum Cµ achievable per configuration is limited due to the way actuators
are blocked and decreases for a higher spacing.

Initially, a flap deflection survey was conducted at α = 0°, see Fig. 4.16. This
angle of attack was chosen to focus on the effectiveness of the actuation system on
the flow over the flap. Fig. 4.16a compares the obtained lift gain for all spanwise
actuator distributions considered at the highest commonly achievable Cµ = 0.5%. At
a first glance, the results are divisible into two groups. The two coarsest distributions
∆s/b ≥ 20% do not show any effectiveness. However, the two remaining spacings
yield an improvement of ∆CL ≈ 0.1 at δ = 25°. It appears that δ = 30° acts as
a neutral point for this level of momentum input. No increase in lift is observed
for δ > 30°. The momentum input is not high enough to allow the emitting jet to
overcome the inclination of the jets relative to the downstream flap surface angle (exit
angle plus flap angle) and affect the separated flow. Thus, the momentum input was
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Figure 4.17: Effect of spanwise actuator distribution as a function of momentum
coefficient: Λ = 0°, AR = 7.5, α = 0°:

increased to Cµ = 2.0% for ∆s/b ≤ 10% (Fig. 4.16b). The increased input yields
a positive ∆CL for all flap deflections considered. The difference between the two
spacings becomes more obvious e.g., at δ = 25°.

It is noted that the relative gain in lift depends strongly on the momentum
input as well as the spanwise distribution of the actuators. To further investigate
the dependence on momentum input, measurements are evaluated at a constant
flap deflection with respect to possible gain in lift, see Fig. 4.17. A higher Cµ is
required to obtain the same ∆CL at higher flap deflections. For example, to achieve a
target ∆CL = 0.15, approximately Cµ = 1% is required for ∆s/b = 3% at δ = 25°
(Fig. 4.17a). Expanding the spacing to ∆s/b = 10% increases the required momentum
input to Cµ = 1.5%. Coarser spacings, ∆s/b ≥ 20% require an even higher input
outside the investigated range, Cµ > 3%, or are not able to provide the target value at
all. Keeping the spacing constant, ∆s = 3%, but deflecting the flap further (δ = 30°,
Fig. 4.17b), increased the required input to Cµ = 1.5% for the same target increment
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of lift coefficient. An even further increase required Cµ = 2.0% for δ = 35° and
Cµ = 2.5% for δ = 40°, see Figs. 4.17c and 4.17d. A zone with negative gain in lift is
observed for Cµ = 0.2% at δ = 25°. The zone extends up to Cµ = 1.0% at δ = 40°
and is due to the vertical displacement of the streamlines. This is caused by the jets
emitted from the actuators that failed to attach to the surface.

In summary, the smallest spacing yields the highest gain for a given momentum
coefficient if the input is larger than the threshold for the negative zone described
above. This was anticipated since the spacing determines the area covered by one
actuator. However, a high input is also required to maximize the reachable penetration
length of the jet compared to flap chord. A slight overlapping between the areas
covered by a single actuator are desired. Furthermore, the exit angle of the actuator
influences the required spanwise actuator distribution as well. In some case, actuators
spaced ∆s/b = 10% apart performed better at low values of momentum coefficient.
It may be due to the fact that separation in a two-dimensional wind tunnel is seldom
two-dimensional and it sometimes occurs in cells with which the actuator spacing ∆s
may resonate.

4.3 Intermediate Conclusions

The flow over the two-dimensional airfoil used in this experiment is in good agreement
with thin-airfoil theory and data provided in the literature. The stall over a NACA
0012 airfoil starts from the trailing edge and progresses upstream. Furthermore, the
location of the aerodynamic center coincides with the quarter-chord point. This is
also true for finite semi-span wings of variable aspect ratios.

The slope of a finite semi-span wing was predicted by using Helmbolds’s equation
and the drag polar can be approximated by the induced drag equation. Furthermore,
the angle of attack and drag coefficient for zero lift turned out to be independent
of aspect ratio. Moreover, lift and drag polars can be collapsed onto a single curve
provided the aspect ratios are known and the ability to collapse the results includes
some actively controlled flows.

Fluidic oscillators proved to be good tools for separation control on unswept airfoils
and finite rectangular wings of different aspect ratios. The flow emanating from the
actuators has to cover the wing area over which the flow was about to separate thus
requiring a close spacing between adjacent actuators as well as a high momentum
input.



5. Application of Active Flow
Control to Swept Wings

The finite semi-span wing used in Section 4.2 can independently be swept-backward
or -forward. All experiments were carried out at U∞ = 22m/s yielding at a Reynolds
number (c/ν · U∞) of 500,000 (as described in Chapter 3). Initially, the mechanisms
leading to stall are analyzed and discussed using force balance measurements, sectional
pressure distributions and tuft surface flow visualization. The effect of sweep on
the performance of active flow control is investigated as a function of sweep angle,
actuator distribution and tip shape. A comparison between unswept and swept data
is conducted. The importance of sweep on the effectiveness of active flow control is
pointed out.

5.1 Mechanisms Leading to Stall

The mechanism leading to stall was investigated for three semi-span wings having
the same aspect ratio (AR = 4.4). The shape of the tip was either normal to the
leading edge (square) or in the direction of the freestream (parallel). Initially, the flap
deflection was set to δ = 0° without any momentum input (Cµ = 0%). Helmbold’s
equation (Eq. (4.1)) was modified by Küchemann [9] to account for sweep:

a = a0 · cos Λ√
1 + [a0 · cos Λ/ (πAR)]2 + a0 · cos Λ/ (πAR)

(5.1)

5.1.1 Overview of Forces and Moments without Actuation

An overview of the measured forces is given in Fig. 5.1. The theoretical slope predicts
the measured lift slopes well up to CL ≈ 0.5 (Fig. 5.1a). It is noted that dCL/dα is
almost identical for the two swept-back configurations considered and for forward
sweep. Thus, the similarity of the lift distribution for the three configurations presented
suggests that the influence of the tip effect is very limited up to α = 7°. An increase
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Figure 5.1: Baseline force results for various sweep angles and tip shapes: AR = 4.4
and δ = 0°

in lift slope is observed at α ≈ 8° or CL,infl ≈ 0.5. Thus, the increase in dCL/dα is
probably associated with the creation of a large vortex near the leading edge (vortex
lift) somewhere inboard of the tip on the swept-back wing and outboard of the root
on the swept forward one. This vortex reduces the chordwise velocity component
near the leading edge. But it expands the low pressure region in a similar way to a
two-dimensional bubble thus increasing the lift slope. The leading edge vortex may
be initiated near the tip and its origin moves upstream with increasing incidence.
But it also marks the beginning of a leading edge stall and its associated unsteady
upstream velocity component near the surface. Enlargement of the separated region
and its inboard movement (for swept-back wings) at higher angles of attack results in
a reduction in lift slope that transitions smoothly into a soft stall around CL,max ≈ 1.1.

Minimum drag (skin-friction drag), CD0 ≈ 0.015, is observed at α = 0°. The value
of the coefficient is in the same range for all configurations shown (Fig. 5.1b). Thus,
supporting the fact that influence of the tip effect is very limited as observed for the
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Table 5.1: Location of aerodynamic center (AC) for Λ = ±45° and AR = 4.4

Λ tip shape (x/c)AC,attached (x/c)AC,separated
45◦ parallel 1.175 1.125
45◦ square 0.930 0.850
−45◦ parallel -0.543 -0.600

lift. The dashed line represents the calculated induced drag whereas the span-efficiency
factor e (see page 53) is divided by cos Λ. The measured total drag differs from the
calculated drag around CL,infl ≈ 0.5 when the onset of vortex lift occurs.

The lift-to-drag ratio, CL/CD is ≈ 12 around CL = 0.3 for the swept-back and
-forward semi-span wings that have the tip aligned with the free stream (parallel tip).
Afterward, CL/CD for Λ = −45° decreases more rapidly with α. The swept-back
configuration with the square tip reaches a lower CL/CD ≈ 11, but it does so at
higher incidence corresponding to CL = 0.5. For incidences beyond CL,infl, all analyzed
configurations show similar behavior.

The side-force polar, similarly defined as the drag polar, is shown in Fig. 5.1d. It
suggests that there is a need to monitor the flow along the span due to the three-
dimensional nature of the flow field. In general, the side force is defined as being
positive (Section 3.3.2) in the direction of a right-handed swept-back wing. Therefore,
a measured negative side force (e.g., for a swept-back wing) implies a flow toward the
tip due to skin-friction. The opposite is true (positive side force) for a swept-forward
wing which experiences a flow toward the root. In general, the side force becomes
stronger with an increase in incidence. The influence of the side force starts to develop
earlier (α ≈ 3°) for the forward sweep compared to the backward sweep α ≈ 6°. The
CS developed for the two different tip shapes for Λ = 45° is only slightly different due
to the slightly higher lift generated at large α by the square tip. This suggests that a
stronger tip vortex is generated by the square tip.

For the moments, the reference point, or the aerodynamic center, was determined
as described in Section 3.3.1 for zero flap deflection without any momentum input.
Functioning as a reference point for attached flow, the computed AC is used for all
flap deflections considered (Table 5.1). For the swept-back configuration (independent
of tip shape), the aerodynamic center does not coincide with the projection of the
quarter-chord point at half-span onto the root chord (x/c)AC = 1.35. In fact, the AC
moved upstream. Moreover, the location of the aerodynamic center for Λ = ±45° is
not symmetric with respect to the unswept rectangular wing. Similar observation can
be made for the swept-forward configuration. The AC location is shifted upstream of
root chord and flow separation moves the AC further upstream independent of the
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Figure 5.2: Baseline moment results for various sweep angles and tip shapes:
AR = 4.4 and δ = 0°

configuration. In the case of the swept-back configurations, the AC is shifted either
up- or downstream depending on the tip shape.

The moments around the three axes in the coordinate system (Section 3.3.2)
selected are shown in Fig. 5.2. The rolling moment, CRM , increases linearly with lift
for a semi-span wing due to the missing counter-rotating moment created mainly
by the lift force on the opposing wing up to CRM ≈ 0.2, see Fig. 5.2a. Moreover,
sweeping the wing either forward or backward with the same tip shape yields a similar
result up to CRM ≈ 0.3 (or α = 12°). This coincides with the saddle point in the lift
polar within the vortex induced lift boost. The square tip deviates from the rest since
a lower rolling moment is observed at the same angle. The tip vortex merges with the
leading edge vortex, in fact since the latter turns into the direction of the oncoming
flow, the tip vortex just reinforces the leading edge vortex. Since the absence of the
tip triangle increased the lift at the tip (Fig. 5.1a), the effect on the rolling moment is
more significant. Either the resulting vortex has less strength or has moved further
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inboard and thus reduced the acting moment arm with respect to the center of lift.
Increasing incidence reduces the dCRM/dα for Λ = 45° whereas it is reduced for
Λ = −45°.

The pitching moments (Fig. 5.2b) are constant up to CL ≈ 0.4. Moreover, it is
identical for the parallel and square tip (Λ = 45°) until CL,infl ≈ 0.5. That means that
there is no shift in center of lift with respect to the aerodynamic center. However,
for higher lift coefficients or angle of attack, the moment distributions diverge and
they become a function of sweep angle and tip shape. The swept-back configuration
(parallel tip) becomes more negative (stable) before the stall that results in an
unstable (positive) pitching moment. The square tip becomes immediately unstable
and does not have the stabilizing effect between 0.5 < CL < 0.8. The swept-forward
configuration is naturally unstable (due to the center of lift being upfront of the
AC) resulting in an even higher positive moment. The underlying physics resulting
in the aforementioned changes in pitching moment are analyzed in more detail in
Section 5.1.2.

The yawing moment, CYM in Fig. 5.2c, increases up to the onset of vortex lift
(i.e., CYM ≈ 0.03) for all three configurations. The yawing moments turn negative
afterward. A decreasing CYM means physically that the semi-span wing wants to
increase the sweep angle Λ (due to axial force). Although this is naturally compensated
by the other half of the wing, it opens a possibility to support or enhance controls
(e.g., turning the aircraft) by applying active flow control instead of deflecting control
surfaces (this applies to the rolling moment as well).

5.1.2 Origin of Vortex Induced Lift

The surface flow was analyzed using tufts. The flow field over the upper surface was
linked to pressure measurements normal and parallel to the leading edge in an attempt
to explain the origin of the vortex induced lift. Although all swept wings analyzed in
Section 5.1.1 observe an increase in lift slope, their pitching moment characteristics
deviate for CL > CL,infl.

To begin with, the focus is on Λ = 45° with the parallel tip. The pressure
distributions are shown in Fig. 5.3 and the corresponding tuft surface flow visualizations
are shown in Fig. 5.4. At CL = 0.43 and hence the edge of CPM ≈ −0.01 = constant,
the flow is fully attached over the wing. A strong spanwise flow is observed over the
flap toward the tip (Fig. 5.4a). Both chordwise pressure sections validate the attached
state of the flow (Figs. 5.3a and 5.3b). The outboard section has a reduced leading
edge suction peak as it has a reduced spanwise loading due to the finite aspect ratio.
The pitching moment starts to become more negative at CL,infl ≈ 0.5 (Fig. 5.4b).
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Figure 5.3: Pressure distributions (mechanisms leading to stall): Λ = 45°, AR =
4.4, δ = 0°, Cµ = 0%, tip = parallel

The flow is still mostly attached over the wing although there are signs of separation
near the trailing edge closer to the tip region. Much more flow turned toward the
spanwise direction when a direct comparison is made between Figs. 5.4a and 5.4b.
The outboard flow near the leading edge is also unsteady suggesting that a vortex
spanning approximately 50% of the outboard part of the wing was formed. The
inboard section continues to create more lift (strong suction peak: CP ≈ −5) than the
outboard section. The footprint of the tip vortex is visible at the trailing edge of the
tip (Fig. 5.3c). Another vortex is forming at the tip leading edge (for 0 < ξ/cn < 0.2,
Fig. 5.3b ). The creation of the vortex is possible due to the high sweep angle and
a strong spanwise flow along the leading edge attachment line feeding the vortex.
A further increase in incidence yielding CL = 0.70 leads to various changes on the
surface (Fig. 5.4c). The vortex gained sufficient strength and increased the lift slope.
In addition, the leading edge tip vortex started to move inboard and downstream.
This leaves a diffused region of vortical as well as separated flow in the outboard
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(a) α = 7.1◦, CL = 0.43, CPM = −0.010

(b) α = 9.3◦, CL = 0.56, CPM = −0.011

(c) α = 10.7◦, CL = 0.70, CPM = −0.033

(d) α = 12.9◦, CL = 0.82, CPM = −0.007

(e) α = 15.2◦, CL = 0.92, CPM = 0.023

Figure 5.4: Tuft flow visualization: Λ = 45°, AR = 4.4, δ = 0°, Cµ = 0%, tip =
parallel; gray lines represent pressure tap locations
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Figure 5.5: Integral values for the inboard section: Λ = ±45°, AR = 4.4, δ = 0°,
Cµ = 0%

portion of the wing downstream of the leading edge vortex behind. This corresponds
to CPM,min ≈ −0.033. The movement of the vortex is clearly visible while examining
the pressure distributions (Fig. 5.3). The vortex reaches the inboard section resulting
in a reduction and widening of the peak. However, the outboard section is separated
at the tip. Furthermore, the vortex traveled normal to the leading edge up to the flap
shoulder. At CL = 0.82, the vortex reached the root. The lift is further increased,
but the slope is decreased. This leads to a change in spanwise loading causing now a
destabilizing moment (Fig. 5.4d). The influence of the tip vortex extended further
downstream for the inboard section (Fig. 5.3a), whereas the vortex decreases the
pressure at the the trailing edge of the outboard section (Fig. 5.3b). The inboard
travel is also observed while monitoring the flow along the span (Fig. 5.3c). Increasing
the angle of attack to α = 15.2° (CL = 0.92), flow separation progresses more inboard
resulting in a further increase in lift and in destabilizing pitching moment (Fig. 5.4e).

These observations are confirmed by comparing the pressure distributions (Fig. 5.3)
and the tuft flow visualization (Fig. 5.4) to sectional lift and pitching moment
coefficients (Figs. 5.5 and 5.6). The integral values were obtained by integrating
the inboard and outboard pressure distributions. The inboard section for Λ = 45°
with the tip parallel to the oncoming freestream does not separate (Fig. 5.5a) for
α < 17°. The onset of vortex lift is clearly detectable at α = 10° and confirms
the observations made while analyzing the surface flow (Fig. 5.4c) and measured by
the force balance (Fig. 5.1a). The outboard section experiences a lower lift slope
than the inboard section (Fig. 5.6a). Moreover, both sectional slopes are higher
than the wing’s lift slope: dCL/dα ≈ 0.06 per degree (derived from Fig. 5.1a). A
short increase in sectional lift is detected (α = 10°) before the occurrence of stall for
α = 12°. All sectional pitching moments are calculated around the quarter-chord
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Figure 5.6: Integral values for the outboard section: Λ = ±45°, AR = 4.4, δ = 0°,
Cµ = 0%

point: ξ/cn = 0.25. The moments obtained for both sections (Figs. 5.5b and 5.6b)
remain constant until the onset of vortex lift and become more negative as incidence
increases. However, the so-called dip observed for CPM (Fig. 5.2b) is not reflected in
the sectional pitching moment data.

Similarities are observed for sweeping the model forward while keeping the tip
parallel to the oncoming stream. A higher slope, also slightly non-linear (most
noticeable around α ≈ 5°), in sectional lift occurs at the inboard section compared
to the outboard section (Figs. 5.5a and 5.6a). In addition, the increase in lift due
to vortex lift yields CL,max ≈ 1.75 resulting in stall beyond α = 13°. The outboard
section never separates and is similar in shape compared to the inboard section for
Λ = 45°. This suggests that the creation of vortex lift and associated vortex travel
along the span is identical except that the vortex travels from root to tip. However,
for the swept-back wing, the tip vortex reinforces the leading edge vortex. This is
not the case for the current configuration. The tip vortex as the name suggests is
formed near the tip of a lifting wing, whereas the leading edge vortex is now formed
at the root. Observing the measured pressure distributions (Fig. 5.7) confirms the
aforementioned conclusions. The leading vortex, formed at α where CL ≈ 0.53 and
expands downstream (Fig. 5.7a). For higher angles of attack, the vortex begins to
move outboard, see CL ≈ 0.79 (Fig. 5.7c). For the same lift coefficient range, the
footprint of the tip vortex is observed around the leading edge (Fig. 5.7b) but the flow
over the flap never separates. However, the sectional pitching moment becomes more
negative (Figs. 5.5b and 5.6b) with incidence as opposed to the moment derived from
the force balance (Fig. 5.2b). No surface flow visualization using tufts was carried out
to further analyze this configuration. Sweeping the wing forward is, as of today, still
more a conceptual / experimental design, e.g., X-29A [3], for maneuvering military
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Figure 5.7: Pressure distributions (mechanisms leading to stall): Λ = −45°,
AR = 4.4, δ = 0°, Cµ = 0%, tip = parallel

aircraft rather than tested and applied technology. Thus, the focus is shifted toward
sweepback. But the following results are often compared to Λ = −45° throughout the
chapter.

The influence of the tip shape on the origin of vortex lift is investigated for Λ = 45°.
In order to maintain a constant aspect ratio (AR = 4.4), the semi-span wing was
pulled out of the test-section. As a result, the inboard section is out of the tunnel for
the square tip. Thus, the integral values are only available for the outboard section
(Fig. 5.6). However, sectional pressure distributions (Fig. 5.8) are still available up
to ξ/cn ≈ 0.5 for the inboard section (Fig. 5.8a). By observing the sectional lift
(Fig. 5.6a), it is suggested that the vortex formed by the square tip remains longer in
the tip region before moving inboard compared to the parallel tip. The tufts remain
steadier in the tip region for α = 7.1° for the square tip (Fig. 5.9b) and especially at
α = 9.3° (Fig. 5.9b) than observed in Fig. 5.4b. This suggests that the formation
of the leading edge vortex has been delayed by the stronger tip vortex that is now
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Figure 5.8: Pressure distributions (mechanisms leading to stall): Λ = 45°, AR =
4.4, δ = 0°, Cµ = 0%, tip = square

slightly removed from the solid surface and can develop differently than it does when
the tip is parallel to the freestream. A strong spanwise flow toward the tip along
the flap including the footprint of the tip vortex is observed for both tip shapes. A
growing leading edge suction peak is observed for both sections (Figs. 5.8a and 5.8b).
The leading edge suction peaks decreases with the onset of vortex lift (Fig. 5.8b).
Afterward the vortex, formed around α ≈ 10°, expands downstream and starts to
travel inboard for CL = 0.94 (Fig. 5.8c) as described before (Fig. 5.4). This is also
noticed by observing the tuft pictures at higher angles of attack (Figs. 5.9c to 5.9e).
The development of the sectional moment is comparable to the semi-span wing having
the tip aligned with the freestream (Fig. 5.6b).

In summary, the mechanisms leading to stall on a swept semi-span wing are
dominated by the leading edge vortex. However, there is no indication that the vortex
is a result of a separation bubble formed initially near the tip as described in the
literature (Section 1.1.1). The creation of the vortex at a bluff leading edge of a
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(a) α = 7.1◦, CL = 0.45, CPM = −0.008

(b) α = 9.3◦, CL = 0.57, CPM = 0.001

(c) α = 10.7◦, CL = 0.68, CPM = 0.007

(d) α = 12.9◦, CL = 0.83, CPM = 0.011

(e) α = 15.2◦, CL = 0.94, CPM = 0.030

Figure 5.9: Tuft flow visualization: Λ = 45°, AR = 4.4, δ = 0°, Cµ = 0%, tip =
square; gray lines represent pressure tap locations
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Table 5.2: Actuator distribution for Λ = 45° and AR = 4.4 (parallel tip)

∆s, mm ∆s/b, % nact, # (y/b)1stact, % Cµ,max, %
25 4 29 17 3.0
76 12 10 20 2.0
152 24 4 37 1.0
305 48 2 37 0.5

swept-back wing may be qualitatively understood but it is certainly not quantitatively
predicted. Further investigation is required to achieve this goal but it is outside the
scope of this work. The same stall mechanisms are observed at higher flap deflections
(e.g., δ = 30°). However, the onset of vortex lift is shifted to lower values of incidence
and accompanied by a strong spanwise flow over the deflected flap. The details are
presented and discussed in Section 5.2.

5.2 Effect of Sweep on Active Flow Control Per-
formance

In this section, a comparison is carried out between two sweepback angles (Λ = 0° and
Λ = 45°) of the same flapped wing (see Section 3.1) at the same freestream velocity
and the same level of actuation (i.e., using the same actuators at identical pressures
and mass flows). This comparison is therefore independent of the precise definition
of Cµ. An overview of the spanwise actuator distribution for the swept-back wing is
given in Table 5.2. The distribution is symmetric to mid-span. However, the supply
pressure increased for higher ∆s/b. Thus, the experiment was limited to a total
Cµ = 0.5% when only two actuators were used. The purpose of this direct comparison
is to ensure that the observations made (Section 2.3) are indeed due to the sweep
angle and the associated spanwise flow that was locally eliminated and generally
reduced by deploying fluidic actuators. However, an aspect ratio of 4.4 cannot be
maintained for Λ = 0°. Subsequently, a direct comparison between unswept data
(Fig. 4.17) and results obtained for Λ = 45° (Fig. 5.10) at the same angle of attack is
not possible. However, Eq. (4.4) is used to calculate the induced angle of attack to
express the results obtained for Λ = 0° and AR = 7.5 with respect to AR = 4.4.

αAR=4.4 = αAR=7.5 + ∆αi (5.2)

= 0° + 2.8° ≈ 2.8°
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Figure 5.10: Effect of spanwise actuator distribution as a function of momentum
coefficient: Λ = 45°, AR = 4.4, α = 2.8°:

This allows a direct comparison at the same effective incidence for the same aspect
ratio (AR = 4.4). The total lift coefficient is normalized by the freestream velocity
independent of the sweep angle (Section 3.3.2) and is not scaled with cos2 Λ.

Starting with δ = 25° (Fig. 5.10a), similar increments in lift (∆CL ≈ 0.7 at
Cµ = 0.4%) are obtained for ∆s/b > 4% and Λ = 45°. For ∆s/b = 4%, the same
∆CL is achieved at Cµ = 1%. This is contrary to the observations made when Λ = 0°
(Fig. 4.17a).

Consider the flap deflection of δ = 30° where the basic wing yields a CL = 0.67 at
Λ = 45° at α = 2.8° while the normal wing provides a CL = 1.0 at α+ ∆αi ≈ 2.8°. In
the case of the swept-back wing, the use of four actuators at a total Cµ = 0.5% provided
a 15% increase in lift whereas two actuators reduced it only to 11% (Fig. 5.10b).
In order to generate a ∆CL of 15% using ten actuators ∆s/b = 12% a collective
Cµ = 1.0% was needed. If all (29) actuators were used, the necessary Cµ increased
to 1.5%. The use of two or four actuators in the absence of sweepback generated no
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Figure 5.11: Lift increment obtained for different wing configurations: AR = 4.4
and δ = 30°

benefit for Cµ < 0.75% (Fig. 4.17b). Therefore, sparsely spaced actuation is only
beneficial on highly swept-back wings due to the existence of strong spanwise flow.
The role of active flow control in that case is to either eliminate or compartmentalize
the spanwise flow, particularly when the flow is still attached. However, once the flow
is separated, closely spaced actuation (∆s/b = 4%) is required to maintain attached
flow. Moreover, in the absence of sweepback closely spaced actuation is required to
keep the flow attached and it consumes high values of momentum input in order to
be effective (separation control).

Increasing the flap deflection to 35° and 40° (Figs. 5.10c and 5.10d) increased
the relative effectiveness of small number of actuators even more. In this case, two
actuators did as well as four. Starting with 35°, a ∆CL ≈ 0.8 was attained using
either two or four actuators at Cµ = 0.5% whereas using ten actuators yielded the
same improvement in lift at Cµ = 1.0%. When all 29 actuators were deployed, a
Cµ ≈ 1.75% was required to obtain ∆CL ≈ 0.8. In the absence of sweepback, there
was no positive result at these low levels of Cµ < 1% (Fig. 4.17c). Similar conclusions
are drawn for δ = 40°.

Similar arguments as made for the results shown in Fig. 5.10b apply to the results
obtained for the square tip (ST) at Λ = 45° or for forward sweep (Λ = −45°) with the
tip parallel (PT) to the oncoming stream (Fig. 5.11). Although different configurations
(including the shape of the tip) were compared, all results obtained emphasize the
importance of sweep and the distance between actuators with respect to the successful
application of active flow control, see Figs. 5.11a and 5.11b.

In general and as described before (Section 4.2.3), a higher momentum is required
to achieve a target ∆CL while increasing flap deflection for all actuator spacings
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Figure 5.12: Pitching moment observations: Λ = 45°, AR = 4.4, α = 2.8°

considered. However, sparsely spaced actuators lose their effectiveness at a high
momentum input when separation occurs and the average flow direction is reversed
(Fig. 2.14b). It is noted that for fluidic oscillators spaced ∆s/b = 12% apart, the
results e.g., at δ = 30° act as a divider between the finer ∆s/b < 12% and coarser
∆s/b > 12% actuator distributions. Thus, providing a limit for an efficient spacing
for controlling the spanwise flow with respect to the fluidic fence concept or pure
separation control.

The question arises if a possible gain in pitching moment due to the achievable
increment in lift is influenced by the chosen spacing as well as by the deflection angle
of the flap (Fig. 5.12). Starting with changing the spacing while maintaining the
flap deflection at δ = 30° (Fig. 5.12a). The survey was carried out at α = 2.8°. The
highest gain (∆CPM ≈ −0.06) is indeed achieved for ∆s/b = 48% for Cµ < 0.5%. No
gain is observed for ∆s/b = 4% up to Cµ = 0.5%. As the next step, the spacing was
kept constant (∆s/b) and the maximum level of actuation was selected accordingly.
Changing the flap deflection from δ = 0° to δ = 40° (Fig. 5.12b) reveals that δ = 30°
provides the maximum increase in longitudinal stability for the two configurations
considered. In summary, the achievable gain highly depends on the spacing between
adjacent actuators and selected flap deflection.

Most of the underlying physics is explained by looking at a specific example at Λ =
45° having the tip parallel (PT) to the freestream at δ = 30° (Sections 5.2.1 and 5.2.2).
This flap deflection was chosen as a representative high-lift configuration. The coarsest
spacing (∆s/b = 48%) was selected to emphasize the necessity of controlling the
spanwise flow although slightly better results were obtained for ∆s/b = 24%. On the
other hand, 29 active actuators were used to simulate a narrow spacing (∆s/b = 4%)
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comparable to classic separation control in two-dimensions. Discussion of other results
include related cases applicable to other configurations (e.g., Λ = −45°) or tip shapes.

5.2.1 Controlling the Flow Parallel to the Leading Edge

The current experiment, as described Chapter 3, was well suited to prove the concept
presented in Section 2.2. It suggests that controlling the spanwise flow, even when
the flow is still attached, is the key to successful application of active control to swept
wings. Furthermore, it implies that actuators, e.g., fluidic oscillators, should best be
located in the trailing edge region of the wing where the spanwise flow is dominant in
the absence of active flow control.

Lift, drag and side-force polars are analyzed to further explore the aforementioned
observations as well as the three moments (Figs. 5.13 and 5.16). Only two fluidic
oscillators, displaced by ∆s/b = 40% (Λ = 0°) and ∆s/b > 48% (Λ = 45°), were
deployed. The input in terms of momentum coefficient was Cµ = 0.5%. The results
for Λ = 0° were obtained at AR = 7.5 and scaled to AR = 4.4 using Eqs. (4.3)
and (4.4). This results in a increase in stall from α ≈ 9° to α ≈ 11°. However, no
aspect ratio corrections were applied to the moments. But the trends are not altered.
The assumption, as made for the two-dimensional airfoil, that the momentum is
fully recovered in thrust is not applicable to the three-dimensional flow for Λ = 45°
(especially due to skin-friction). Hence, no corrections were applied.

In the absence of sweepback, the baseline flow over the flap is separated for all
angles of attack considered (Fig. 5.13a and also Figs. 5.15a and 5.15b at α = 2.8°).
Actuation at this level with the coarse spacing has no effect on CL during the entire
envelope. For Λ = 45°, the flow parallel to the leading edge starts to dominate thus
reducing the chordwise component (α = −6°) and remains separated until the onset
of vortex lift (α = 7°) at CL,infl ≈ 0.8. As seen for δ = 0° (Fig. 5.1a), the onset
of stall is marked by an initial increase in dCL/dα. Deploying two actuator partly
eliminates the flow parallel to the trailing edge over the flap thus increasing lift until
CL,infl ≈ 0.9. Moreover, the increase in lift slope is eliminated by the increase in
lift generated at smaller angles of incidence. Furthermore, inboard movement of the
leading edge vortex (α > 8°) is not prevented by this type of active flow control
(fluidic fence concept). Although actuation increases the circulation upstream of the
actuator (Figs. 5.17b and 5.18e), the leading edge tip vortex is not contained. Hence,
leading edge devices (active or passive) are required to control the vortex near the tip
to prevent the inboard movement.

The unswept rectangular semi-span wing yields CD0 = 0.07 for the baseline flow.
The momentum input Cµ = 0.5% is fully recovered for CL = 0 since CD0 = 0.065.
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Figure 5.13: Sweep comparison (forces): AR = 4.4, δ = 30°, nact = 2, Cµ = 0.5%

The drag for the sweepback is lower: CD0 = 0.03. But identical for the baseline and
Cµ = 0.5% (Fig. 5.13b). The momentum input is not observed in the total drag
as was the case for the unswept configuration. Similar observations are made for
the lift-to-drag ratio (Fig. 5.13c). At Λ = 0°, CL/CD ≈ 6 between 0.6 < CL < 1.0
The ratio decrease for values of incidence beyond stall. The flap enhancement, as
observed for Λ = 45°, is not reflected in the lift-to-drag ratio. (CL/CD)max ≈ 8 for
0.4 < CL < 0.8. The range of constant lift-to-drag ratio is slightly extended by
deploying active flow control due to delaying the development of the leading edge
vortex.

Even in the absence of sweep, a small but constant side-force, CS = Cζ ≈ 0.02,
acts along the span. This force is altered close to stall (Fig. 5.13d). The magnitude
of the force is unaffected by actuation. However, on a swept-back wing, CS decreases
with angle of attack even before the onset of vortex lift. CS decreases further with
the onset of vortex lift independent of active flow control. Two active actuators alter
the measured force slightly.



5.2. Effect of Sweep on Active Flow Control Performance 81

C
µ
, %

0.1 0.2 0.3 0.4 0.5 1 1.5 2 2.5 3

C
ζ
 -

 C
ζ
(C

µ
=

0
)

-0.01

0

0.01

0.02

0.03

C
ζ
(C

µ
=0) = 0.026

∆s/b = 4%, # Act. = 29

∆s/b = 48%, # Act. = 2

Λ = 45 °, AR = 4.4, δ = 30 °, α = 2.8 °:

(a) parallel to leading edge

C
µ
, %

0.1 0.2 0.3 0.4 0.5 1 1.5 2 2.5 3

C
S

 -
 C

S
(C

µ
=

0
)

-0.01

0

0.01

0.02

0.03

C
S

(C
µ

=0) = -0.048

∆s/b = 4%, # Act. = 29

∆s/b = 48%, # Act. = 2

Λ = 45 °, AR = 4.4, δ = 30 °, α = 2.8 °:

(b) normal to wing root chord

Figure 5.14: Spanwise flow observations: Λ = 45°, AR = 4.4, δ = 30°, α = 2.8°

An attempt is made to show the anticipated reduction in spanwise flow for Λ = 45°
due to the jets emitted by the fluidic oscillators (Fig. 5.14). The resulting force
parallel to the leading edge (Cζ) was obtained by decomposing drag and side force,
see Eq. (5.3). The average jet flow emitted by the actuators turns into the direction
of the stream some distance downstream of the actuators and it generates thrust. It
was assumed that the generated thrust equals the momentum input (Section 3.2) and
it was thus added to the measured drag instead. Although the transformation was
performed with the respective coefficients, no error is introduced because the moment
coefficient is normalized in the same manner as the other force coefficients.

Cζ = − (CD + Cµ) · sin Λ + CS · cos Λ (5.3)

The spanwise flow is observed parallel to the leading edge (Cζ) and normal to the
wing root chord along the span (CS). However, no definite proof for a reduction in
spanwise flow was detected (Fig. 5.14a). The effect of the actuation on the spanwise
flow is possibly too local and too small to be consistently resolved by the force balance.
Similar conclusions are drawn for CS (Fig. 5.14b). However, a reduction in spanwise
flow is anticipated and expected due to the theoretical results developed in Section 2.2
within in the boundary layer approximation. Thus, static pressure measurements on
the surface along the flap span need to be evaluated to further assess the efficiency of
coarsely spaced actuators.

Pressure distributions (Fig. 5.15) measured normal to the leading edge at α+∆αi ≈
2.8° indicate that the flow was separated over the flap at both spanwise locations in
the absence of actuation for Λ = 0°. Deployment of two fluidic oscillators (Cµ = 0.5%)
had no effect on the sectional pressure distribution (Figs. 5.15a and 5.15b). For
Λ = 45°, the flow was attached near the root and yielded a strong spanwise attached
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Figure 5.15: Sweep comparison (pressure distributions): AR = 4.4, δ = 30°,
nact = 2, Cµ = 0.5%

flow toward the tip for y/b ≈ 0.3. However, two active actuators reattached the
flow over the flap at both sections. This was attributed to compartmentalizing the
spanwise flow over the flap (Fig. 5.15c). The first actuator (y/b = 0.37) washed the
accumulated spanwise flow away and thus reduced the pressure in the vicinity of the
actuator. Further outboard, the spanwise boundary layer restarts and grows again
resulting in increasing the pressure over the flap (e.g., CP = −0.5 at y/b ≈ 0.65). The
second actuator, located at y/b ≈ 0.71, eliminated the compiled spanwise flow and
the pressure started to lower again.

The moments around the three axes defining the coordinate system are shown
in Fig. 5.16. The rolling moment (Fig. 5.16a) is directly proportional to lift when
active flow control is enabled over a semi-span wing (or only over one wing for a
regular aircraft) independent of the sweep angle. In other words, more gain in lift
leads to a stronger rolling moment. The yawing moment (Fig. 5.16b) is negative for
the unswept configuration: CYM ≈ −0.03 for CL = 0. CYM decreases further until
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Figure 5.16: Sweep comparison (moments): AR = 4.4, δ = 30°, nact = 2,
Cµ = 0.5%

CL = 0.6. At this point, the axial force component due to lift counteracts the axial
force due to drag. This leads to an increase in yawing moment. Furthermore, this
development is reversed when the wing stalls (at CL ≈ 1.5). The moment becomes
again negative with incidence as drag itself increases. Coarsely spaced actuation with
a low momentum input has no effect on the yawing moment. Similar observations
are made for Λ = 45° without any momentum input. However, the yawing moment
becomes more negative for an increase in incidence (0.4 < CL < 0.8). This is due to
eliminating the spanwise flow over the flap compared to the baseline.

Most interesting is the effect of sweep and actuation on CPM (Figs. 5.16c and 5.16d)
calculated around the aerodynamic center (Table 5.1). Application of actuation has no
effect for the unswept configuration. The pitching moment is constant CPM ≈ −0.18
until the onset of stall. However, on a swept-back wing a small number of actuators
alters the pitching moment significantly. The flow over the flap starts to separate for
CL < 0.3. Once the flow is fully separated over the flap, the upstream movement of
the center of lift stagnates. The deployment of two actuators redirects the flow over
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Figure 5.17: Pressure distributions (onset of vortex lift): Λ = 45°, AR = 4.4,
δ = 30°, Cµ = 0.5%

the flap. This moves the center of lift downstream towards the aerodynamic center.
The pitching moment becomes nearly constant for an extended range of CL < 0.8.
Thus, the longitudinal static stability margin increases.

Surface pressure measurements (Fig. 5.17) and tuft flow visualization (Fig. 5.18)
were analyzed to further explore the effect of two actuators spaced ∆s/b > 48%
apart on the pitching moment for Λ = 45°. The location of the two actuators are
marked by magenta colored dots along the trailing edge of the main element. The
images are a superposition of results obtained for the baseline and Cµ = 0.5%. The
advantage of this direct comparison is that differences are easier to observe. Green
colored tufts visualize a flow dominated by the baseline and magenta-colored tufts
represent changes due to active flow control. Areas with no differences are commonly
colored in white.

At α = 0° and α = 2.8° (Figs. 5.18a and 5.18b), the flow is fully attached over
the main element. The change in direction (parallel to the leading edge) of the
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(a) α = 0.0◦, ∆CL = 0.071, ∆CPM = −0.064

(b) α = 2.8◦, ∆CL = 0.074, ∆CPM = −0.065

(c) α = 6.4◦, ∆CL = 0.035, ∆CPM = −0.041

(d) α = 7.1◦, ∆CL = 0.019, ∆CPM = −0.031

(e) α = 7.8◦, ∆CL = 0.009, ∆CPM = −0.025

Figure 5.18: Tuft flow comparison between baseline (green) and Cµ = 0.5%
(magenta): Λ = 45°, AR = 4.4, δ = 30°, nact = 2 (∆s/b = 48%), tip = parallel;
gray lines represent pressure tap locations
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flow is visible close to the root. However, the deflected flap causes an interaction
with the incoming flow resulting in a small unsteady region. The flow over the flap
proceeds almost entirely along the span implying that the chordwise component either
stagnated or separated as suggested for the baseline (Fig. 5.15). The effect of the
two actuators compared to the baseline is clearly observable. The strong flow parallel
to leading edge is compartmentalized by the actuators (as derived from Fig. 5.15c).
Although it appears that the emitted jet turns rather quickly in the direction of the
freestream. A gain in lift, ∆CL ≈ 0.07, but more substantially in pitching moment
(∆CPM ≈ −0.065) was measured (Fig. 5.16d). Increasing the incidence to α = 6.4°
indicates a stronger flow toward the tip (Fig. 5.18c). The flow close to the root
(y/b < 0.25) is always attached even in the absence of actuation (Fig. 5.17a). Besides
that the flow in the tip region becomes more unsteady, a strong leading edge suction
peak (CP = −5) developed (Fig. 5.17b). The compartmentalization of the spanwise
flow is still observable along the flap span. But the measured pressure coefficients
are weaker compared to α = 2.8° (Fig. 5.15c). This leads to a reduction in lift
(∆CL = 0.04) and increase in pitching moment (∆CPM = −0.041). The leading edge
vortex system is established by increasing the incidence to α = 7.1° (Fig. 5.18d). This
yields a further reduction in lift and moment with respect to the baseline: ∆CL = 0.02,
∆CPM = −0.031. Most impressive is the upstream effect of active control on the
spanwise development of the vortex at the leading edge (at mid-span). Although
actuation occurred at the trailing edge of the main element, the inboard movement
of the vortex is delayed. The delay, approximately ∆ξ/cn = 0.15, is also observed
while monitoring the pressure at the outboard section (Fig. 5.17b). The effectiveness
of the outboard actuator is hampered by the presence of the vortex (Fig. 5.17c)
whereas the baseline pressure is influenced by the vortex at y/b = 0.76 as well. The
vortex progresses further inboard at α = 7.8°. This movement is not stopped but
still delayed by the actuation system. The vortex leaves a region of diffused vortical
flow behind and the flow is fully separated at the tip, thus, reducing ∆CL = 0.01
and ∆CPM = −0.025 almost back to values obtained for the baseline. In addition,
the vortex progresses further downstream (Fig. 5.17b) compared to α = 7.1°. The
effectiveness of the actuation is further reduced. Although the baseline pressure at
y/b = 0.76 is affected by the vortex (CP ≈ −1), the vortex delay is clearly observed
when compared to the pressure obtained for Cµ = 0.5%.

5.2.1.1 Placement of First Actuator and Single Actuator

A small number of actuators can significantly enhance the lift (Fig. 5.10b) and
influence the pitching moment coefficient (Fig. 5.12a) compared to the baseline as
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Figure 5.19: Effect of actuation location: Λ = ±45°, AR = 4.4, δ = 30°

long as the wing is swept. The question arose if the spanwise location of those two
actuators is an important parameter to further enhance the aforementioned benefits.
A comparison is carried out at δ = 30° flap deflection of the same flapped wing at the
same freestream velocity at identical pressures and mass flows. This comparison is
therefore independent of the precise definition of Cµ and other potentially questionable
parameters. The spacing between the two actuators was kept constant: ∆s/b = 48%.
The results shown in Fig. 5.19 were carried out for sweepback (Fig. 5.19a) and
sweepforward (Fig. 5.19b) at α = 0°. An increase in momentum input leads to an
increase in lift compared to the baseline.

A momentum coefficient of Cµ = 0.5% was selected to further explore the influence
on the lift (Fig. 5.20) for a change in angle of attack for both sweep configurations. An
increase in lift (Fig. 5.20a) is achieved over a wide range of incidence, −6° < α < 6°,
until the onset of vortex lift (α ≈ 7°), see Fig. 5.13a. It is interesting to see that
the trend for the pattern shift towards the root and tip is inverted for the swept-
forward configuration (Fig. 5.20b). This is due to the orientation of the spanwise flow.
The pattern with actuators located at one and two thirds of the span (y/b ≈ 36%
and y/b ≈ 70%) yield the best improvements independent of the sweep angle up
to ∆CL = 0.07 for an input of Cµ = 0.5%. Thus, the flow is redirected and
compartmentalized along the flap most efficiently.

The potential of a single actuator located at mid-span emerged while analyzing
the data with respect to the location of the first actuator for ∆s/b = 48%. If two
actuator located at one and two thirds of the span are most effective, how does this
compare to one actuator at half the distance. Overall, the performance of a single
actuator is remarkably good. Although only a ∆CL ≈ 0.05 is achieved for Cµ = 0.5%
at α = 0° (Figs. 5.19 and 5.20). The disadvantage of a single actuator is that it
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Figure 5.20: Lift increment for Λ = ±45° and AR = 4.4 at δ = 30°
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Figure 5.21: Difference in pitching moment for Λ = ±45° and AR = 4.4 at δ = 30°

must be exactly in the right position to be effective. This brings up an interesting
opportunity where the wing is equipped with actuators along the span. However, only
a single actuator is active at a time controlled by a closed-loop algorithm supporting
the mission in the most efficient way.

Most impressive is the effect of actuation location on the pitching moment (Fig. 5.21)
for the same shifted pattern presented in Fig. 5.20. Deploying two actuators on a
swept-back wing significantly change the pitching moment and increase the stability
margin (Fig. 5.21a). However, the gain is sensitive to the location of actuation and
coincides with previous observations made while discussing Fig. 5.20a. Although a
similar gain in lift can be achieved for the swept-forward configuration, Fig. 5.20b,
the same effect cannot be observed for the pitching moment (Fig. 5.21b). The gain is
only marginal with respect to Fig. 5.21a and appears to be almost independent of the
patterns investigated.
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Figure 5.22: Pressure distributions (pattern shift): Λ = 45°, AR = 4.4, δ = 30°,
Cµ = 0.5%

Pressure measurements (Fig. 5.22) and surface flow visualization (Fig. 5.23) were
analyzed for the swept-back semi-span wing in order to understand the origin of the
observed differences in lift and pitching moment. The distribution for the inboard
section (Fig. 5.22a) is identical and independent of the actuation location. The flow
over the flap is attached and less subject to separation due to the induced downwash.
Although CP is slightly enhanced for the pattern shifted to the root due to the
proximity of first the actuator (y/b ≈ 20%).

Differences in the flow due to the shift in actuation location are best observable in
the spanwise control array along the flap (Fig. 5.22c). The spanwise flow is oriented
towards the tip. Actuators close to the root (y/b ≈ 20%) are hampered in their
effectiveness (Fig. 5.20a) due to the development of the spanwise boundary layer.
At y/b ≈ 20%, the thickness is below a certain threshold and the flow is naturally
attached (Fig. 5.23a), thus the actuator is wasting energy and not effective. Looking at
y/b ≈ 54% (Figs. 5.23a and 5.23d), actuators restart or at least compartmentalize the
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(a) y/b = 20% and y/b = 54%, ∆CL = 0.061, ∆CPM = −0.036

(b) y/b = 37% and y/b = 71%, ∆CL = 0.071, ∆CPM = −0.064

(c) y/b = 54% and y/b = 88%, ∆CL = 0.048, ∆CPM = −0.044

(d) # Act = 1 at y/b = 54%, ∆CL = 0.053, ∆CPM = −0.027

Figure 5.23: Tuft flow comparison between baseline (green) and Cµ = 0.5%
(magenta) at α = 0° : Λ = 45°, AR = 4.4, δ = 30°, nact = 2 (∆s/b = 48%), tip =
parallel; gray lines represent pressure tap locations
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Figure 5.24: Effect of pairing fluidic oscillator on lift: Λ = 45° and AR = 4.4 at
δ = 30°

spanwise flow. However, the remaining span distance allows the spanwise boundary
flow to accumulate beyond the threshold. However, for the pattern shifted toward the
tip, the initial boundary layer exceeds the thickness threshold at y/b ≈ 54% and the
first actuator is not effectively treating the spanwise flow (Fig. 5.23c). Therefore, only
the outboard actuator is effective (y/b ≈ 88%) but already too close to the tip. Thus,
it can be concluded, that the spanwise distance between two actuators is important
as well as the initial y/b location with respect to the wing geometry. The pattern
started at y/b ≈ 37% compartmentalizes the spanwise boundary layer into three
segments (Fig. 5.23b) where the thickness is optimal compared to the momentum
output of the actuator resulting in attached flow over the flap at the outboard section
(Fig. 5.22b). The conclusions are inverted for the swept-forward wing due to the
orientation of the spanwise flow toward the root (Fig. 5.20b) with the first actuator
located at y/b ≈ 70% and the second at y/b ≈ 35%.

5.2.1.2 Actuators aligned as Pairs

So far, two actuators placed at approximately one-third and two-thirds of the span
are very effective. In addition, a single actuator located at mid-span has a lot of
potential (Fig. 5.20). This raises the question if the effectiveness can be be enhanced
by locally doubling the actuators (Section 1.2.2). To investigate this further, pairs of
most closely spaced actuators were activated rather than individual actuators. Results
were obtained for Λ = 45° and δ = 30° at two angles of attack (Fig. 5.24).

Starting with α = 0° (Fig. 5.24a), the increment in lift was independent of the
actuators being aligned as a pair or not for Cµ < 0.3%. Furthermore, actuators
spaced ∆s/b = 48% apart were superior to the ones located at mid-span. However,
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actuators aligned as pairs yielded a higher ∆CL at Cµ = 0.5%. Similar observation
were made for α = 2.8° (Fig. 5.24b). In conclusion, location and spacing were more
important with respect to compartmentalizing the spanwise flow. However, it is
suggested to extend the experiments beyond Cµ > 0.5% to further investigate the
impact of actuators being aligned as pairs. This required modifications to the existing
setup in order to increase the supply pressure for actuators e.g., spaced ∆s/b = 48%
apart and was outside the scope of this work. Further research about effectiveness is
applied in Section 5.3.

5.2.2 Controlling the Flow Normal to the Leading Edge

A comparison between the non-swept (Λ = 0°) and swept (Λ = 45°) semi-span wing
was carried out in Section 5.2.1. Experiments were repeated with twenty-nine closely
spaced (∆s/b ≈ 4%) actuators for Cµ = 3%. Measurements were carried out at
otherwise identical conditions.

Force data is presented in Fig. 5.25. A higher level of actuation had an immediate
effect on lift (Fig. 5.25a) for Λ = 0°. It appears that the flow was fully attached
over the upper surface. No indication for partly separated flow over the flap was
detected. The gain in lift moves the angle of attack where CL = 0 out of the measured
range. The difference in lift is ∆CL ≈ 0.4 at α = 0°. Maximum lift (CL,max ≈ 0.25)
is not shifted to higher incidence to the baseline. The semi-span wing stall sharply
afterward. A gain in lift, ∆CL ≈ 0.3 at α = 0°, was observed for the swept-wing and
Cµ = 3%. Therefore, it is concluded that the flow is fully attached over the flap until
the onset of vortex lift (α = 8°). Two coarsely spaced actuators in conjunction with a
low momentum input coincided with the baseline for α = 8° (Fig. 5.13a). However,
this level of actuation had an impact on the development of the vortex. Baseline and
the actuated case merged at α ≈ 10° and remained identical afterward.

Skin-friction drag at CL = 0 (CD0) is not measured in absence of sweep with
actuation. But extrapolating the data yields that the momentum input is recovered
in drag (Fig. 5.25b) as described for Fig. 5.13b. Similar conclusions are derived for
Λ = 45° whereas CD0 = 0.2. In contrast to sparsely spaced actuators (Fig. 5.13c), the
lift-to-drag ratio, Fig. 5.25b, is greatly increased for both configurations (no correction
for momentum input applied). The ratio is increased by approximately 10 for Λ = 0°.
The slight kink in the data at CL = 0.8 might imply separation somewhere over the
flap. However, for Λ = 45°, CL/CD is increased by 6 at CL = 0.5. Actuation is applied
in the direction of the freestream (normal to the span) and thus has no effect on CS
for Λ = 0° at this high momentum input (Fig. 5.25d). Similar conclusions, as for
Fig. 5.13d, are derived for Λ = 45°.
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Figure 5.25: Sweep comparison (forces): AR = 4.4, δ = 30°, nact = 29, Cµ = 3.0%

Pressure measurements were evaluated at α = 2.8° (Fig. 5.26). Both baseline cases
were discussed before (Fig. 5.15). The flow is fully separated over the flap for Λ = 0°
along the span. For Λ = 45°, the inboard section is attached over the flap, whereas
the flow is separated over the flap toward the root. Starting with the non-swept
configuration, closely spaced actuators (∆s/b ≈ 4%) with a high momentum input
(Cµ = 3%) attach the flow over the flap for both cross-sections normal to the leading
edge (Figs. 5.26a and 5.26b). This confirms that in the absence of spanwise flow, a
high momentum input together with a fine spacing energizes and thus attaches the
flow over the entire flap area. This is also observed while monitoring the flow along
the flap span (Fig. 5.26c). Attaching the flow yields a constant pressure (CP = −1).
Although the wing is finite, the obtained pressure distributions are almost identical.
In addition, circulation is increased leading to the overall gain in lift. The flap suction
peak (CP = −2.5) is stronger compared to the leading edge one (CP = −2). Deploying
the actuators, attaches the flow over both flaps for Λ = 45°. Thus, circulation is
increased. Both suction peaks, at the leading edge and flap shoulder, are stronger
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Figure 5.26: Sweep comparison (pressure distributions): AR = 4.4, δ = 30°,
nact = 29, Cµ = 3.0%

compared to the unswept configuration. In addition, the outboard sections yields
an increased pressure difference (Fig. 5.26c). The achieved gain in CL is mostly due
to the strong input and the associated suction peak downstream of the actuator
(when compared to Fig. 5.15). Although the wing is swept and finite, the pressure
distribution obtained normal to the leading edge behaves similarly. Flow attachment
over the flap along the span is achieved (CP ≈ −1.5). No compartmentalization, as
observed in Fig. 5.15c, is detected. The similar pressure along the flap span for low-
and high momentum input, depending on ∆s/b, affirms that closely spaced actuation
is inefficient for a swept wing and the gain in lift is solely due to the strong momentum
inserted into the flow.

The change in moments due the high momentum input are shown in Fig. 5.27.
The rolling moment (Fig. 5.27a) is a linear function of lift. Thus, it is independent of
how the lift is created based on the configuration undergoing testing. The slope (or
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Figure 5.27: Sweep comparison (moments): AR = 4.4, δ = 30°, nact = 29,
Cµ = 3.0%

proportionality constant) is the same as for sparsely spaced actuation, see Fig. 5.16a,
at otherwise identical conclusions.

Closely spaced actuators at Cµ = 3% have an effect on yawing moment (Fig. 5.27b)
for Λ = 0°. This is in contrast to sparsely spaced actuators with a low Cµ = 0.5%
(Fig. 5.16b) for the same sweep angle. The application of active flow control decreases
the yawing moment compared to the baseline for both sweep angles. The trend
changes with the onset of stall (Λ = 0°) or vortex lift (Λ = 45°) as described for the
low momentum input.

The pitching moment is shown in Figs. 5.27c and 5.27d. For Λ = 0°, the attached
flow over the flap moves the center of lift further downstream (far behind the quarter
chord point) due to the high momentum input. This results in a strong nose-down,
CPM = −0.06 at α = 0°, pitching moment. Sweeping the wing back (Λ = 45°) and
maintaining the level and distribution of actuation shifts the center of lift further
downstream. Thus, CPM becomes more negative. The linear range (CPM = const.)
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Figure 5.28: Pressure distributions (onset of vortex lift): Λ = 45°, AR = 4.4,
δ = 30°, nact = 29, Cµ = 3.0%

extends from previously CL = 0.8 to CL = 1. However, CPM = −0.2 for CL = 0
remains the same. For α > 0.8°, CPM increases resulting in a nose-up (positive)
pitching moment.

Pressure measurements on the surface (Fig. 5.28) and flow visualization using tufts
(Fig. 5.29) are evaluated with respect to ∆s/b = 4% and Cµ = 3.0% in an attempt
to explain the difference in pitching moment caused by the actuation. In addition,
the findings are compared to Figs. 5.17 and 5.18). The location of the actuators are
marked by magenta colored dots along the trailing edge of the main element. The
images consists of a superposition of results obtained without and with actuation. The
advantage of this direct comparison is that differences are easier to observe. Green
colored tufts visualize a flow dominated by the baseline and magenta-colored tufts
represent changes due to active flow control. Areas with no differences are maintained
in white.
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(a) α = 0.0◦, ∆CL = 0.217, ∆CPM = −0.108

(b) α = 2.8◦, ∆CL = 0.219, ∆CPM = −0.114

(c) α = 6.4◦, ∆CL = 0.181, ∆CPM = −0.098

(d) α = 7.1◦, ∆CL = 0.154, ∆CPM = −0.078

(e) α = 7.8◦, ∆CL = 0.123, ∆CPM = −0.056

Figure 5.29: Tuft flow comparison between baseline (green) and Cµ = 3.0%
(magenta): Λ = 45°, AR = 4.4, δ = 30°, nact = 29 (∆s/b = 4%), tip = parallel;
gray lines represent pressure tap locations
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At both low angles of attack, α = 0° and α = 2.8°, the high momentum input
energizes the chordwise component and attaches the flow over the flap. The difference
compared to the baseline is clearly visible (Figs. 5.29a and 5.29b). The footprint
of the tip vortex is visible at the tip of the flap. This is in agreement with the
pressure distributions measured and shown in Fig. 5.26. Raising α by 2.8° does not
alter the gain in lift and pitching moment: ∆CPM ≈ 0.2 and ∆CPM ≈ −0.11. The
aerodynamic center is a fixed point. Thus, the increase in longitudinal stability is
caused by a rearward shift of the center of lift. At α = 6.4°, the stronger influence
of the tip vortex in the trailing edge region of the tip becomes more noticeable
(Fig. 5.29c). Moreover, the tufts upstream of that region start to vibrate. Thus
marking the onset of the leading edge vortex. The same observation was made while
analyzing Fig. 5.18c. That implies that the creation of the vortex is not influenced by
the level of momentum input or where actuation is applied along the span. Hence, the
creation of the vortex is dominated by the wing geometry, e.g., leading edge radius.
The pressure distribution along the inboard section is attached over the flap for all
angles considered in Fig. 5.26a whereas the pressure at the trailing edge is slightly
negative. However, the application of active flow control yields a strong suction peak
(CP = −3) resulting in slight positive trailing edge pressure. For the outer section
(Fig. 5.26b), the flow reattaches over the flap and main element (0.45 < ζ/cn < 1).
This results in pronounced leading edge suction peak (CP ≈ −5). The pressure
along the span increases toward the tip Fig. 5.26c. However, ∆CP ≈ −0.5 remains
constant for y/b > 0.4. The increment in lift remains strong (∆CL ≈ 0.18) mostly
due to the level of actuation. The influence of the tip trailing edge vortex becomes
stronger. The impending onset of leading edge vortex increases lift near leading edge.
Thus the center of lift moves upstream resulting in a reduced ∆CPM ≈ −0.09. The
vortex formed along the leading edge at α = 7.1° (Fig. 5.29d). The onset of the
vortex (for Cµ = 0%) and its expansion over the wing surface was constant and
was repeatable over multiple measurements. Deploying twenty-nine closely spaced
actuators shortens the inboard extension at the leading edge compared to baseline
and to sparsely spaced actuation with low momentum input (Fig. 5.18c). This is only
observed by monitoring the tuft surface flow visualization since the sectional pressure
taps are too far away. The downstream development closer to the trailing edge of the
tip is not influenced. The outboard pressure section is affected by the presence of
the vortex. But the flow remains attached over flap. No differences are observed for
the pressure along the flap span. The onset of separation at the tip causes the decay
in lift gain (∆CPM ≈ 0.15). Delaying the inboard movement of the vortex almost
maintains the gain for the pitching moment (center of lift keeps moving forward):
∆CPM ≈ −0.08. Increasing the flap deflection to α = 7.8°, actuation still hampers
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the inboard movement (Fig. 5.29e). Although, the effect is weakened compared to
Fig. 5.29d. The vortex leaves diffused vortical flow behind and separation extends
downstream. The flow over the first third of the span is unaffected by the vortex and
actuation keeps the flow attached over the flap in that region. This leads to a further
reduction in lift and increase in pitching moment: ∆CL ≈ 0.12 and ∆CPM ≈ −0.05
The pressure distributions are similar as described in Fig. 5.17 for this incidence. For
higher incidences α > 10, the lift polar coincides with the baseline for Cµ = 3%.

5.3 Analogies between Measurable Input Coeffi-
cients

Traditionally the momentum coefficient (Eq. (3.1)) is used to quantify any actuation
method involving steady blowing in the past. In the recent success of fluidic oscillators,
this well-known coefficient is used to describe the efficiency of the actuation system. In
this investigation Cµ was calculated using an isentropic expansion ansatz (Section 3.2)
to obtain the jet velocity at the exit of a fluidic oscillator. Various attempts have been
made to obtain the jet velocity experimentally. For example, hot-wire or Pitot-static
measurements disrupted the oncoming flow and hence falsifying the data. Other
theoretical models derived from isentropic relationships, or as simple as Bernoulli’s
equation, were utilized before. However, the magnitudes of the jet velocities were not
reasonable. It has been shown that the approach based on incompressible continuity is
conservative and therefore overestimates the jet velocity resulting in higher momentum
coefficients. This implies that any favorable observations most likely occur at even
lower coefficients.

An alternative approach is based on a so-called power coefficient Cπ [82]. Although
this coefficient does not reflect power per se, it is proportional to it. This coefficient,
Eq. (5.4), relates the pressure inside the settling chamber to the required volume flow.
It is assumed that the flow inside the settling chamber stagnates (0m/s). However,
this assumption underestimates the actual power requirement.

Cπ = 2 · pchamber ·Q
ρ · Awing · U3

∞
(5.4)

Cπ,delivery = 2 · pgauge ·Q
ρ · Awing · U3

∞
(5.5)

The advantage of the power coefficient is that it is independent of the actuator
dynamics and hence does not require an estimate of the jet velocity at the exit. The
pressure inside the settling chamber is measured at half-span to naturally average
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a possible pressure gradient in the chamber (pressure supply from the root). The
coefficient can be rewritten by using an exterior pressure (e.g., at the flow meter)
instead of the chamber pressure. Within the point of power efficiency, Eq. (5.5), and
a constant target (e.g., lift coefficient) in mind, the optimum configuration could
depend on constraints of the delivery possibilities [83].

The analysis of various input coefficients is very important. Nevertheless, the
obtained results should also be evaluated in terms of overall efficiency. In example,
Cπ/CD, see Eq. (5.6), is still a measurable quantity. However, the ratio describes the
power to drive the active flow control system in relation to the power to maintain level
flight. An arbitrary limit of Cπ/CD = 0.15 (15% of the required power to overcome
drag) is selected. This limit constrains the available mass flow to the system. The
mass flow (ṁ) is defined as the volume flow into the system multiplied by the density,
Eq. (5.7). The value describes the amount of air that needs to be supplied (e.g.,
by the engines). However, the thrust generated by the actuators needs to be taken
into account to further assess the efficiency of the active flow control system. The
actual thrust was not measured within the scope of this research work. In addition,
it is presently not known how the thrust direction changes in the presence of the
freestream. Thus, no further correction to drag is applied. It has to be pointed out
that this correction is absolutely necessary to accurately assess the effects of fluidic
oscillators on the flow physics.

Cπ/CD = pchamber ·Q
U∞ ·D

(5.6)

Cπ,delivery/CD = pgauge ·Q
U∞ ·D

ṁ = Q · ρ (5.7)

The various methods of quantification described above were analyzed for all spacings
previously considered (Fig. 5.30) at Λ = 45° (AR = 4.4) with the tip parallel to the
oncoming stream. The flap was deflected at δ = 30°.

Two of the considered spacings feature the same amount of active fluidic oscillators
(e.g., two). Thus, their input is identical and their gain is solely based on flow physics.
However, the achieved lift increment is different. Looking at a momentum coefficient
of Cµ = 0.5% (Fig. 5.30a), a lift enhancement of ∆CL ≈ 0.08, relative to the baseline,
is achieved for two actuators spaced ∆s/b = 48% apart. However, two actuators
aligned in pairs at mid-span only achieve ∆CL ≈ 0.05. On the contrary, keeping
the spacing constant (e.g., ∆s/b = 48%) yields almost a constant lift increment
independent of the number of actuators deployed (either two or 2x2). This holds
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Figure 5.30: Lift enhancement as a function of different parameters: Λ = 45°,
AR = 4.4, δ = 30°, α = 0°
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also for the mid-span location. As a next step, the lift increment is compared to the
required mass flow (Fig. 5.30b). The lift increment as a function of mass flow clearly
separated different spacings analyzed so far. For the same target ∆CL = 0.08, two
actuators spaced ∆s/b = 48% apart, require only ṁ = 0.06 kg/min and thus are most
efficient. On the other hand, actuators spaced ∆s/b = 4% apart require five times the
mass flow (ṁ = 0.3 kg/min) to achieve the same target ∆CL. Keeping ∆CL = 0.08
constant but comparing to the required power (Fig. 5.30c) leads to a power coefficient
of Cπ ≈ 3.6% required for ∆s/b = 48%. The finest spacing investigated has the
lowest power coefficient for the same momentum input but only leads to a gain in
lift of ∆CL ≈ 0.025. The remaining spacings achieve only 70% of ∆CL provided
by ∆s/b = 48% for the same power input. Taking the cost of delivery into account
(Fig. 5.30d) does not alter the power required to achieve a certain ∆CL except for
∆s/b = 4%, where an increase from 2.4% to almost 6% could be observed. The
power coefficient with or without the cost of delivery collapses constant spacings
independent of the number of actuators. Furthermore, lift enhancements are analyzed
with respect to efficiency (Figs. 5.30e and 5.30f). The target ∆CL ≈ 0.08 is not
achieved within the assumed limit for the active flow control system. Therefore, it is
important to develop or enhance actuators (e.g., fluidic oscillators) used for active
flow control that work with lower supply pressures. This could further reduce the
required power for the active flow control system.

5.4 Intermediate Conclusions

Lift and drag are independent of the sweep angle and wing tip as long as the flow is
attached. However, the onset of vortex lift depends on all of these parameters. Two
types of simple wing tips were considered in this investigation. One that is parallel to
the oncoming stream irrespective of the sweep, and the other that is normal to the
leading edge and referred to as the square tip. These two differ substantially when
the pitching moment generated by the wing at high angle of attack is considered. The
mechanisms leading to stall on swept semi-span wings are dominated by the leading
edge vortex, whose generation is qualitatively understood but it is not quantitatively
predicted. However, the inboard movement of the leading edge vortex needs to be
delayed or contained to within the tip region in order to enhance the aerodynamic
properties of a swept wing.

The flow parallel to the leading edge has to be treated separately from flow normal
to it in order to increase the effectiveness of the active flow control used. Two fluidic
oscillators placed at one-third and two-thirds of the span proved to be very effective in
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delaying the onset of separation, and they required a small momentum input (spanwise
control). However, closely spaced actuators are more effective at higher incidence and
flap deflection angles when the flow tends to separate due to the chordwise adverse
pressure gradient. This type of control requires a high momentum input (normal
control). It appears therefore that the application of active flow control to swept
wings has to manage two very different but equally important roles.

(i) Eliminate or compartmentalize the spanwise flow even when the flow over the
wing is still attached (e.g. a fluidic fence).

(ii) Retain attached flow over a surface at incidence or flap deflection that exceeds
the natural separation angle (separation control).

The first task applies only to swept lifting wings while the boundary layer approxima-
tion is valid. Therefore, the optimal location of actuators corresponds to where the
spanwise flow is dominant. The second task is aimed at keeping the flow attached
and it is applicable to two-dimensional flow.

Moreover, the inboard movement of the leading edge vortex is delayed by applying
active flow control close to the trailing edge. The large increment in lift (due to
actuation) extends the longitudinal stability margin (constant pitching moment). This
delays the progression of tip stall and allows the aircraft designer to increase the
sweep angle, thus increasing the critical Mach number, while maintaining stability
during low-speed flight.

Possibilities of maneuvering (e.g., creating rolling and yawing motion) using active
flow control, applied selectively to one wing, were revealed in this investigation. This
application alone may make the installation of active flow control on combat air-
planes worthwhile because of the stealth requirements that may override conventional
aerodynamic considerations.

The momentum coefficient is not the sole governing parameter describing actuation
on a swept wing. The power coefficient is unquestionably a valid parameter without
any assumptions made. However, the mass flow is more applicable since it reflects the
amount of air which needs to be provided by e.g., the engines.





6. Concluding Remarks

The application of active flow to finite swept wings was conducted experimentally in
an attempt to correlate the effectiveness of active flow control input parameters (i.e.,
level, number and location of actuators) with the main parameters defining a simple
wing (e.g., sweep angle, aspect ratio, tip shape and flap deflection). Important initial
observations were made on a more complex lambda-shaped wing that suggested the
course to be taken on the simple wing based on a constant chord NACA 0012 airfoil.
These tests indicated that in the absence of actuation, there is a large region on the
wing’s upper surface that is dominated by spanwise flow although the flow is attached
to the surface and it is steady. They also suggested that the actuation axis should be
perpendicular to the leading edge.

Theoretical analysis, applied to turbulent flow over yawed cylinders of infinite
aspect ratio, indicated that the boundary layer independence principle is robust
enough to be approximately applicable to finite swept wings of medium to high aspect
ratio. This analysis provided the guidance required for determining the location and
direction in which active separation control should be applied. Thus, an array of
fluidic oscillators was placed at the flap shoulder where the direction of actuation
relative to the wing axis remained constant at all sweep angles tested. This location
proved to be good for separation control on unswept wings irrespective of aspect
ratio. However, it required a large input of momentum created by jets emanating
from closely spaced actuators whenever the incidence or the flap deflection angles
were large.

The mechanisms leading to stall on swept wings are dominated by the leading edge
vortex, whose generation, propagation and development needs further research.

The use of sparsely spaced fluidic oscillators operating at low levels of input
improved the performance of the wing significantly. The results indicate that on a
swept-back wing, the spanwise flow parallel to the leading edge has to be controlled
first in order to delay or prevent tip stall and its deleterious effects. Due to the
small number of actuators employed, in this case the spanwise location of actuation is
important. Since the velocities of the jets emanating from each actuator are high, they
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redirect the flow over the wing, thus reducing or possibly eliminating the spanwise
flow even when the overall momentum coefficient is small. However, closely spaced
actuators are more effective at higher incidence and increased flap deflection angles
when the flow tends to separate due to the chordwise adverse pressure gradient. This
type of control also requires higher momentum input.

It appears therefore that the application of active flow control to finite swept wings
has two very different but equally important roles to play:

(i) Eliminate or compartmentalize the spanwise flow even when the flow over the
wing is still attached (e.g. a fluidic fence).

(ii) Retain attached flow over a surface at incidence or flap deflection that exceeds
the natural separation angle (separation control).

and this is the most significant and fundamental outcome of this investigation.



A. Supplemental Information for
the Six-Component Force Balance

The balance was selected by reverse calculating the loads based on a maximum
lift coefficient chosen for this analysis (CL = 2). This value may be overestimated
for a finite wing in high-lift configuration. However, this deviation functions as an
additional safety margin. The acting drag force is derived from a rule of thumb
(CD = CL/4 = 0.5). All coefficients were converted to forces by multiplying with
dynamic pressure and projected area. The aerodynamic force acting along the span is
small compared to the force induced by the mass of the wing in the same direction.
Therefore, the assumed spanwise force equals the weight of the wing. So far no
correction for α was necessary since lift is always perpendicular to the oncoming
freestream. It is assumed that maximum lift occurs at the stall angle of attack. It is
well known, that finite non-swept wings tend to stall later than a comparable infinite
configuration (α3D = α2D + ∆α). Thus, stall angles were obtained from previously
acquired infinite, two-dimensional pressure data for various flap deflections. The angle
decreases for higher flap deflections (α = 6° at δ = 40°) compared to the non-deflected
case (α = 13° at δ = 0°). Therefore, all two dimensional stall angles were averaged
and corrected for finite stall (∆α ≈ 6°). A common angle of attack of α = 15° was
selected. The forces were shifted back to the centroid of the balance and expressed
within the balance coordinate system. A short summary of the selected balance is
given in Table A.1

A.1 Calibration Matrix

The calibration was performed at The Boeing Company. A so-called Data Reduction
Matrix (DRM) was provided. This modified calibration matrix consists of the inverted
sensitivity matrix C1−1 and the product of C1−1 and the interaction matrix C2.
The resulting matrix [C1−1 C1−1 · C2] minimizes the computations necessary to
compute the component loads. Zero interactions were removed to further simplify
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Table A.1: Balance summary: Task Corporation [70] 1.50 MK XXIII

channel # component bridge Rmax, EU Rcal, EU Eexc, V
0 N1 rN1 ± 600 ± 400 5
1 N2 rN2 ± 600 ± 400 5
2 S1 rS1 ± 500 ± 300 5
3 S2 rS2 ± 500 ± 300 5
4 RM = Q1 +Q2 rRM ± 800 ± 300 5
5 AF = AF1 + AF2 rAF ± 100 ± 100 5

Table A.2: Selected gain factors (k)

in µV N1 N2 S1 S2 RM AF

Mincal -4563 -4475 -4063 -3782 -3332 -6018
Maxcal 3902 4399 3982 4203 2743 9208
Gain, - 2000 2000 2000 2000 2000 1000
Minexp -9,125,620 -8,950,530 -8,125,244 -7,563,078 -6,664,510 -6,017,998
Maxexp 7,803,638 8,797,626 7,964,036 8,405,554 5,485,916 9,207,913

data reduction which leads to a [n = 6×m = 40] matrix used in this experiment.
The given DRM is normalized by excitation voltage Eexc and gain k. Voltages are
handled in µV and the output is provided in English Engineering Units (EU), i.e., lbf
or lbf−in.

A.2 Gain

The gain (k) used in this experiment was determined by analyzing signal ranges at
calibration excitation. This initial estimate was based on the recorded output voltages
for the loading of each component during calibration. The maximum gain factor was
limited by the range of the A/D card used in this experiment (±10V) and the factors
selectable on the G3006 module (100, 200, 500, 1,000 and 2,000). The chosen factors
are shown in Table A.2.

A.3 Zero Loads

Zero loads represent the averaged output of the balance bridges at four roll angles
(0°, 90°, 180° and 270°) and two pitch angles (−90° and 90°); thus removing the
weight of the balance itself (weightless condition). These loads are independent of the
configuration (including sweep) currently undergoing testing (whereas the non-swept
configuration is mounted vertically). These loads have to be identified only once and
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Table A.3: Zero loads at calibration excitation (5V), gain k = 1

in V N1 N2 S1 S2 RM AF

R0,offset 0.0249 0.0143 0.0119 0.0187 0.0152 0.0102
R0,Φ=0° 0.0251 0.0143 0.0114 0.0187 0.0153 0.0102
R0,Φ=90° 0.0166 -0.0206 0.0310 0.0409 0.0170 0.0195
R0,Φ=180° 0.0052 -0.0509 0.0128 0.0150 0.0169 0.0107
R0,Φ=270° 0.0153 -0.0201 0.0025 -0.0250 0.0150 0.0175
R0,avg@roll 0.0155 -0.0193 0.0144 0.0124 0.0161 0.0144
R0,Θ=−90° 0.0222 -0.0288 0.0094 0.0194 0.0146 0.1387
R0,Θ=90° -0.0047 -0.0232 0.0111 0.0125 0.0135 -0.1208
R0,avg@pitch 0.0087 -0.0260 0.0103 0.0160 0.0140 0.0090
R0 0.0121 -0.0227 0.0123 0.0142 0.0150 0.0117

prior to the beginning of the experiment. The balance was inserted into the balance
block and secured using the forward/lower pin. All external attachments were removed.
The tapered end of the balance was not connected to the taper adapter at this point.
The block was placed on a granite surface plate, which was aligned horizontally using
a machinist’s level. The cable bundle emerging from the center of the taper was
relieved for stress to avoid inducing loads during determination. Afterward, the offset
for each channel was adjusted to approximately 0.015V. By doing so, the zero settings
are a function of the first roll angle (Φ = 0°) and thus biasing the averaged loads.
However, the effect is marginal and thus neglected. A non-zero offset was chosen to
avoid numerical problems with respect to the convergence algorithm. Offsets cannot
be altered for the remainder of the experiment. Otherwise, the determined zero
loads are void since they are shifting the measured values to the electrical origin of
the calibration. Time-averaged voltages are recorded for each roll and pitch angle.
Afterward, the mean was taken per channel for each set of angles. The resulting
means were averaged to obtain the zero loads, see Table A.3. Neither an iterative
method nor any other corrections were applied to the measured quantities. One may
note that the balance was held by the taper adapter during calibration to determine
zero loads. This is reflected by a change in sign compared to the values included in
the provided calibration data sheet since tension is now observed as compression and
vice versa.

A.4 Span Check

A span check was performed to adjust the slope of the input-output curve. This
is necessary since different equipment was used during calibration and experiment.
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Figure A.1: Schematics of shunt resistor

Table A.4: Span ratio determination at calibration excitation

N1 N2 S1 S2 RM AF

Span Reading, V 4.18 4.20 4.15 4.17 2.10 1.10
Averaged Offset, V 0.0098 0.0125 0.0079 0.0078 0.0148 0.0057
Tunnel Span, µV 2087.37 2092.13 2073.41 2079.44 1044.21 1094.61
Calibration Span, µV 1983.60 1983.52 1976.70 1974.71 993.88 989.40
Ratio (Cal./Tunnel) 0.95 0.95 0.95 0.95 0.95 0.90

The check is performed at the end of the wiring harness. Therefore, the negative
power/excitation leads were ’paralleled’ per bridge (see Fig. A.1) using a shunt with
a precise resistance (225 kW). To minimize errors, the same resistor, which was used
during calibration, was used. The end of the balance leads are plugged into a custom-
build shunt adapter and then plugged into the amplifier. The check was performed
for each bridge output at a time. The span value per channel is equivalent to the
offset-free bridge output with a simulated load applied using the shunt resistor. The
balance was in the same load state as for zero load determination (α = 0°, Φ = 0°).
Measured values were corrected for offset but not for zero loads.

The system was turned on for at least 24h and the excitation voltage was set to the
correct value (Eexc = 5.0V) to avoid signal drifts, inaccurate readings and comparable
conditions to the calibration settings. An initial offset reading (Tsample = 5min) was
obtained for the channel currently selected. Then, the shunt resistor adapter was
connected to the same channel. The system was allowed to settle (5min) and the
span was recorded with the same sampling time. Afterward, the adapter was removed,
the system settled in (5min) and a return offset reading was taken. All data were
time-averaged and post-processed. To obtain the tunnel span, the initial and return
offset were averaged, subtracted from the span, corrected for gain (Table A.2) and
expressed in µV. The calibration span was divided by the tunnel. The span ratio
(SR) was obtained for all channels, see Table A.4.
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A.5 Component Load Calculation Method

The component loads were calculated using an iterative method that is presented in
[84]. The calibration matrix is normalized by gain and excitation voltage and given
in data reduction form. Higher orders of interactions are not accounted for and thus
have been removed:

DRMn=6,m=40 =
[
C1−1 C1−1 · C2

]
=
[
C1−1 C1invC2

]
The bridge output vector ∆Rn,1 is defined as the difference between the time-averaged
bridge outputs Rn,1 and the zero loads R0 n,1 per channel. Both are measured or
provided in V. Afterward, the resulting difference is expressed in µV and normalized
by the product of the nominal gain (k) per channel and excitation voltage (Eexc).
Each load component is then multiplied by the corresponding sensitivity ratio (SR).
This was done in order to match the format of the calibration matrix.

∆Rn,1 = (Rn,1 −R0 n,1) · 1, 000, 000
kn · Eexc

· SRn (A.1)

Linear loads are constant and thus calculated only once. Computing takes place
outside the iteration loop. They are represented by the product of the inverted
sensitivity matrix C1−1 and the bridge output vector defined in Eq. (A.1):

Glin n,1 = C1−1
n,n ·∆Rn,1 (A.2)

An initial guess for the loads is required at the beginning of each iteration. The
component loads at the current iteration step t are determined by the difference
between prior calculated linear loads, Eq. (A.2), and loads induced by e.g., bridge
interaction (N1 ·N2). Whereas the interaction vector H is calculated based on the
component loads estimated in the previous step (t − 1). Iteration continues until
convergence is achieved (vn,1 < sn,1). Eqs. (A.3) to (A.5) provide an overview of the
iteration scheme.

(Gn,1)t=0 = 0 (A.3)

(Gn,1)t = Glin n,1 −
{

[C1invC2]n,m−n ·
[
H
(
(Gn,1)t−1

)]
m−n,1

}
(A.4)

(vn,1)t =
∣∣∣(Gn,1)t − (Gn,1)t−1

∣∣∣ < sn,1 = 0.001 (A.5)
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Table A.5: Overview of balance repeatability

N1 N2 S1 S2 RM AF

limits, N 2669 2669 2224 2224 90 445
tare, % FS 0.28 0.43 0.13 0.16 0.16 0.20
wind-on, % FS 0.08 0.23 0.10 0.11 0.10 0.19
wind-on - tare, % FS 0.21 0.26 0.08 0.10 0.09 0.03

%FS 0.19 0.31 0.10 0.12 0.11 0.14

The converged load vector Gn,1 contains the forces and moment converted to SI units
(i.e., N or Nm) in the following order.

(Gn,1)t=final =
(
N1 N2 S1 S2 RM AF

)T
(A.6)

A.6 Repeatability

A repeatability and quality of data analysis was performed. All measurements for this
study were obtained over a year. The test cases consisted of the following configuration:
Λ = 45°, AR = 4.4, δ = 30° and Cµ = 0%. Repeatability is evaluated at α = 0° and
an overview is given in Table A.5.

Data points are possibly influenced by a variety of factors. The configuration
with respect to the sweep angle Λ was constantly changed over the duration of
the experiment. Remounting, see Chapter 3, could lead to slight misalignment.
Furthermore, the flap deflection was set manually and thus susceptible to minor
deviations. The freestream velocity was allowed to vary 1% of the target value. Thus
could also lead to slight changes in measured forces. Therefore, tare data points were
less influenced and a better choice to study the balance repeatability compared to
wind-on runs. The average repeatability for all channels combined is 0.16 % FS. It
is noted that this analysis is only based on multiple runs of one test configuration
and evaluated at one angle of incidence. Therefore, it is not an entire statistical
investigation but rather a good engineering approximation.

The question is if this value is acceptable since the literature, e.g., [85], lists the
repeatability of a state-to-art wind-tunnel balance around 0.05% full-scale. However,
the balance used in this experiment was manufactured more than 50 years ago.
Although well maintained over time, replacing the strain gauges could improve the
accuracy/repeatability of the balance itself within the stated load range. In conclusion,
the balance used is within the required accuracy and repeatability required for this
experiment.
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